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TABLE OF SYMBOLS

The Table of Symbols is organized as follows:

1. General Symbols

Page

xiii

2. Stability, Control and Hingemoment Derivatives xxi

3. Greek Symbols
4. Subscripts

5. Acronyms

1. GENERAL SYMBOLS

bo] finiti
a speed of sound
a.c. aerodynamic center
A = b2/S Wing aspect ratio

= 2 .
A, = bC /SC Canard aspect ratio

2 . .
A, = bh /Sh Vert.tail aspect ratio
A_ Inlet capture area
Ac Inlet area
AE Cowl cross section area
at dc
Ae Nozzle (exit) area
Af Internal area
A Cowl cross section area
m
at d
m

A, Nozzle throat area
b wing span
bc canard span
be inboard flap span, p.89
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C. ., C
Dp DN2
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outboard flap span, p.89 ft
tire width ft
vertical tail span, see

p. 387 ft
Compressible sweep correction

factor, see Egn. (10.64) --

chord ft
chord with flap extended ft
mean geometric chord ft
control surface overhang,

see p.471 ft
crossflow drag coeff ———
elevator chord ft
canardvator chord ft
flap chord ft

two-dim. hingemoment coeff.

about control surf. h.l. ----

two-dim. hingemoment coeff.

about tab h.l. ———

airfoil 1lift coefficient

at a* -——

airfoil pitching moment

coefficient about a.c. ———

airfoil zero-lift pit-

ching moment coeff. ——

wing chord at wing pivot ft

also: engine sfs lbs/shp/hr
tip chord ft
¢, in Ch.10 also stands for

t tab chord, see p.473 ft
root chord ft

mean geometric chord of
exposed wing ft

Airplane drag coeff. —-——

wave drag coefficients ———

see p.49 and 52
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interference drag coeff. -----
see p.52

base drag coefficient W -----

Drag due to lift coeff  -----

Viscous drag due to lift
coefficient = 0===—-

Drag coefficient at cL _____
min
Wing minimum drag coeff. -----

Wing induced drag coeff. -----
Zero-lift drag coeff.  -----
Profile drag coefficient -----

turbulent flat plate friction
coefficient = -==—-
turbulent flat plate friction
coefficient of the wing -----
Three-dim. hingemoment coeff.
about contr. surf. h.l. -----
Three-dim. hingemoment coeff.
about tab h.1. = ===—-
airfoil 1lift coefficient -----

airfoil 1lift curve slope =—-----

section lift curve slope
with the flaps down 1/deg,

derivative of airfoil 1lift
coeff. with flap deflect. -----
aerodynamic rolling moment
coefficient = ===—-
Airplane lift coefficient -----
Lift coefficient where drag rise
due to separation begins -----
Canard lift coefficient -----

Hor. tail lift coeff.  -----

Symbols

1/rad
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C Lift coefficient for zero

o] angle of attack = --——-
CL Lift coefficient at minimum viscous
min drag due to 1lift = --——-
CL Wing lift coefficient = -----
w
CL Airplane lift curve slope 1/deg, 1/rad
a
CL Wing lift-curve slope 1/deg, 1/rad
%w
C Aerodynamic pitching moment
m coefficient === -----
Sn Airfoil pitching moment coefficient
(o} at zero lift coefficient -----
Cn Aerodynamic yawing moment
coefficient @~ -----
Cp base pressure coeff., p.52-----
b
CR Ram recovery factor = -----
C Aerodynamic side force
Y coefficient = =----
db equivalent base diameter -----
Ec cowl diameter at inlet area ft
dexhnoz diam. of exhaust nozzle in
dexhst exhaust stack diameter in
df equivalent fuselage diameter --
dinl max. inlet diameter ft
dm max. cowl diameter ft
dn maximum nacelle (equi-
valent) diameter ft
dT distance of thrustline to
center of gravity, see
Figure 8.126 ft
D Drag lbs
Dp Propeller diameter ft
Dt Max. tire diameter ft
e span efficiency factor - -----
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(Also called Oswald's eff. factor)

f equivalent parasite area ft2
Ft Factor in Eqn. (6.51) = -—----
Af incremental eq. par. area ft2
Fa Aerodynamic side force 1bs
y
i incidence angle deg
Ixx Rolling moment of inertia in 2
body axes slugft
Ixz XZ Product of inertia in 2
body axes slugft
I Piching moment of inertia in 2
Yy body axes slugft
IZZ Yawing moment of inertia in 2
body axes slugft
k ratio of airfoil lift-curve
slope to 2n, also: = ==-=--
equivalent sand roughness -----
k' correction factor for non-
linear effects = ====-
kcw’ kwc and interference factors, see
kwh pages 277, 278 = ——-=--
K empirical constant, see p.86 --
K' factor in Egn.(3.6) = -----
K'' factor in Egn.(3.6) = --—--
KB factor in Egn.(3.8) = -——-—-
KA. flap span factor for
swept wings, p.313 = --—--
Kp flap span factor, p.313 -----
K, constant in Egn. (6.50) = -----
wa wing-fuselage interference
factor: see Eqgn. (8.44)
1 reference length ft
lf fuselage length ft
lp distance in Fig.10. 34 ft
lv distance in Fig.10.27 ft
L Lift 1bs
L' Airfoil thickness location
parameter 0 @06====-
L/D Lift-to-drag ratio @ = --=--
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MCR’ Mcrit

Mpp
n=w/qs
"p

Na

e
ot
< o

t

o) ) ) g
(1]
=

extr

H
o)

hydr
mech
other

pheum

v W wW W W W

reqd
Part VI

Aerodynamic rolling mom.

engine massflow

bleed air massflow
combustion massflow
cooling air massflow
Free stream Mach number
Aerodynamic pitching
moment

Crossflow Mach number

Critical Mach number

lbs

slugs/sec
slugs/sec
slugs/sec

slugs/sec

Drag divergence Mach number ---

airplane load factor
no. of blades per prop.
Aerodynamic yawing
moment

local static pressure
also: planform shape pa-
rameter, p.40

total pressure

Factor in Egn. (6.51)
Power available
Extracted electr. power
Extracted power

Extr. fuel pump power
Extr. hydr. pump power
Extr. mechanical power
Extr. other power

Extr. pneumatic power

Power required

Symbols

hp
hp
hp
hp
hp
hp
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o Al

LS
wf

ol

0n

2]

fus
Sfus

can

noz
wet

S
S
S

wetfus
S
wetla\m

S
wetturb

S
wetw

Part VI

free stream dyn. pressure psf
Reynold'’'s number = -----

Lifting surface correction

factor ====-
Wing/fuselage interference

factor ===—=-

Wing planform (ref) area ft2

Fuselage base area ft2
Max. fuselage cross 2
section area £+

Canard area ft2
Max. frontal area of 2
canopy ft

Flapped canard area ft2
Flapped hor.tail area ft2
Fuselage side area as 2
defined in Fig.10.28 ft

Flapped wing area ft2
Horiz.tail area ft2
Max. frontal area of 2
nacelle ft

Vertical tail area, see 2
p.387 ft

Nozzle cross section area ft2
Total wetted area ft2
Wetted area of fuselage ft2
Wetted area with 2
laminar flow ft

Wetted area with 2
turbulent flow ft

Wetted area of wing ft2

Symbols
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t/c

reqd

Part VI

thickness ratio (at c)

Temperature of air deg F
Thrust available lbs
Remnant thrust 1bs
Thrust required 1lbs
Steady state airspeed ft/sec
induced drag factor due

to twist ~ ====-
Velocity at sta. A_ fps
Velocity at sta. A fps

C

Canard volume coefficient,

see Egn. (10.74) ———
Hor. tail volume coefficient,
see Eqgn. (10.23) ——

Required electrical power hp
Hydr. fluid flow rate gpm

Average nozzle flow
velocity fps
zero-lift drag factor
due to twist

max. fuselage width ft

Airplane weight 1bs
position of a.c. on

wing mgc, ft

position of aerodynamic

center on wing mgc, fr.c -----
position of hor. tail a.c.
on wing mgc ft

position of hor. tail a.c.

on wing mgc, fr.c
position of wing center of

pressure on wing mgc ft
position of reference point
on wing mgc ft

Symbols
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% .=x__clc position of reference _
ref “ref point on wing mgc, fr.c -----
NOTE: see Figure 8.114 for illustration!
X distance of wing quarter chord
w mgc to c.g., see Fig.10,.39 ----
y spanwise coordinate ft
Ze vertical height of fuselage
at wing root chord ft
zp distance in Fig.10.34 ft
z, distance in Fig.10.27 ft
z, wing distance to fuselage cen-
terline, see Fig. (10.9)

2, STABILITY, CONTROL AND HINGEMOMENT DERIVATIVES

NOTE: All derivatives are presented in the airplane
stability axes system. See pages 371 and 372 for

a definition of axes.

STABILITY DERIVATIVES
Symbol Definition
CDu aCD/a(u/Ul)
CLu OCL/a(u/Ul)
Cmu acm/a(ulul)
CTx ach/a(u/UI)
u
C aC_ /o (u/u,)
1
"y i
CDa acD/aa
CLa OCL/Oa
Cma aCm/Ba
C aC_ /da
My T
CD& acD/a(&clzul)
CL& OCL/a(éc/ZUl)
Cm acm/a(ac/zul)

Part VI Symbols
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ac_/9d
CYB Cy B
Clﬁ 8C1/aﬁ
Cnﬂ 3Cn/3$
ch ach/ap
B
C.. ac_/a(pb/2u,)
Yi y 1
cl“3 dc,/a(b/2U,)
C,. acn/a(éb/zul)
B
ac_/d(pb/2U,)
Cyp Cy/ P 1
clp aC, /a3 (pb/2U,)
cnp aC_/3(pb/2U,)
ch aC/d(qc/2U,)
ch ac, /a3 (qe/2U,)
. aC_ /3 (gc/20,)
q
ac_/d 2
cyr C,/0(rb/20,)
c1r ac,/a(rb/2U,)
cnr aC_/a(rb/2U,)
CONTROL DERIVATIVES
cDi acy /i,
h
h
C.. ac /31y
*h
CDs aC /a8
e
Part VI

Symbols
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C acL/ase rad
6
e
-1
Ch acm/ase rad
8
e
. -1
CD acD/azc rad
i
C
-1
cL aCL/aic rad
iC
-1
cm acm/aic rad
iC
-1
Cp aC/ 38 rad
5
C
-1
C aC, /38 rad
5
C
-1
Cn ac /38 rad
5
C
cy acy/asa raa”!
F
a
¢, ac, /95, rada”!
3
a
C, ac /a5, raa”!
6a
cy acy/aas rad”!
5
S
-1
c 9C. /a8 rad
lss 1 s
-1
C“ss aC /a8 rad
-1
C oC_ /91 rad
Yih Y h
. -1
C;. 9C,/3iy rad
1h
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Cni acn/alh rad
h
-1
C 9C. /3d ad
Ys y' r t
r
-1
C15 acl/asr rad
r
-1
Cns 8Cn/85r rad
r
HINGEMOMENT DERIVATIVES
Two-Dji . 1 Hi t Derivati
Symbol Definition Dimension
h zero-angle-of-attack, zero-con-

o trol-surface-deflection. zero-
tab-angle-deflection hingemoment
coefficient = —eee-

ch dcy /de rag”}

@ -1

ch6 = cha ach/as rad
bal
-1
chs acht/ast rad
t
T} Dj . 1 Hi ! . .
Symbol Definition Dimension
Ch zero-angle-of-attack, zero-con-

o trol-surface-deflection., zero-
tab-angle-deflection hingemoment
coefficient = ————-

c, aC, /da rad”!
e -1
Ch aCh/ab rad

5 1
Cha ach/ast rad

f

NOTE: Control surface hingemoment derivatives defined
sofar, are taken about the control surface hinge-
line. Tab hingemoment derivatives taken about the
tab hingeline are defined in a similar manner but

t t

carry the superscript 't’ as in c h and C h
X X
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3. GREEK SYMBOLS

Symbol Definition Dimension
a airfoil angle of attack deg, rad
a airplane angle of attack deg, rad

with subscript w, h or c,
the symbol indicates the an-
gle of attack of that component

a* linear range of e deg, rad
ag airfoil zero-lift angle of

1 attack deg, rad
ay airplane zero-lift angle of

L attack deg, rad

derivative of angle of attack w.r.t.
surface deflection angle @ = -----
B (1 - M2)1/2 _____
also: sideslip angle deg, rad
Y flight path angle deg, rad
r dihedral angle deg, rad
) pressure ratio, === 0 Z===—-
also: flap or control sur-
face deflection deg, rad
o flap defl. angle deg, rad

A increment depends
Aa change in angle of attack
9 due to ground effect deg, rad
difference in stall angle of
attack between wing and canard,
see p.280 deg, rad
Acl incremental airfoil 1lift
coefficient due to flaps  -----
AC incremental airplane lift
coefficient due to flaps =  -----
AC incremental canard lift
c coefficient to trim, based
on wing area, s = 0=—---
AC incremental tail lift
h coefficient to trim, based
on wing area, s === ===--
Acm incremental airfoil pitching mo-
ment coefficient due to flaps -----
ACm incremental airplane piching mo-
ment coefficient due to flaps -----
Aef change in tail downwash
angle due to flaps deg., rad
Aphydr hydraulic pressure
differential psi
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Ax shift in aerodynamic center

due to the fuselage, fr.c = —-——-

Ay leading edge shape parameter -----
8 downwash angle at the ho-

rizontal tail deg, rad
& upwash angle at the

canard deg, rad
gy wing twist angle deg, rad
n span fraction, or see p.46  -----
. ratio of canard to wing

dynamic pressure =0 @—----

NGiff pressure recovery through
diffuser  ===--
nfp fuel pump efficiency @ -=---
"gear gearbox efficiency @& == --—---
"gen generator efficiency @ = -----
n ratio of hor.tail to wing
dynamic pressure =0 z=-----=
“hp hydr. pump efficiency @ -----
Minl inlet pressure recovery = -----
n. inlet pressure recovery,
inl/com compressible = ---=-
n. . inlet pressure recovery,
inl/inc incompressible === 6—=—=-
np propeller efficiency @ -----
n pressure recovery through
shock shock 4 UEEeER .
-Ac/z semi-chord sweep angle deg, rad
.A.c/4 quarter chord sweep angle deg, rad
'ALE leading edge sweep angle deg, rad
A taper ratio === =———-
n coefficient of viscosity
for air eee—-
Kinl area ratio A /A, = -----
n .14  eee———
p air density slug/ft3
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sidewash angle deg, rad

(-2

) effective turning angle deg, rad

ite trailing edge angle deg, rad

4, SUBSCRIPTS

1 steady state

a aileron

av available

A Airplane

b base

bal balance

bw basic wing

c canard

can canopy

cg center of gravity

co cut-off

cool cooling

cw canopy/windshield

e elevator

eff effective

emp empennage

f friction, sometimes: flap

flap flap

fus fuselage

g ground effect

gear landing gear

h horizontal tail

int interference

kf krueger flap

lam laminar

lef leading edge flap

L landing

LE, le leading edge

max maximum

misc miscellaneous

M (at a given) Mach Number

n nacelle

np nacelle/pylon

P pylon

plf planform

prof profile

r rudder

rated rated, usually SHP

ref reference, usually the wing, or
a point on the wing

reqd required

s slat(ted)

sf split flap

sp spoiler (speedbrake)
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std standard

store store(s)

T thrust or power effect

TE, te trailing edge

TL thrustline offset effect

TS propeller slipstream effect
turb turbulent

TO take-off

trim trim

w wing

wave wave (drag)

wb wing-body (same as wing-fuselage)
wet wetted

wf wing-fuselage (same as wing-body)
wing wing

wmprop windmilling propeller

ws windshield

3. ACRONYMS

AEO All engines operating

APU Auxiliary power unit

AWACS Airborne warning and control system
b.1l. boundary layer

BPR Bypass ratio

CBR California Bearing Ratio
c.g. center of gravity

FRP Fuselage Reference Plane

hl or h.l. hingeline

i.e. id est (that is)

l.e. leading edge

mgc Oor m.g.cC. mean geometric chord

OEI one engine inoperative

RAT Ram air turbine

SHP Shaft Horsepower

t.e. trailing edge

W.R.P. Wing Reference Plane

w.r.t with respect to
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1. INTRODUCTION

The purpose of this series of books on Airplane
Design is to familiarize aerospace engineering students
with the design methodology and design decision making
involved in the process of designing airplanes.

The series of books is organized as follows:

PART I: PRELIMINARY SIZING OF AIRPLANES

PART II: PRELIMINARY CONFIGURATION DESIGN AND
INTEGRATION OF THE PROPULSION SYSTEM

PART III: LAYOUT DESIGN OF COCKPIT, FUSELAGE, WING
AND EMPENNAGE: CUTAWAYS AND INBOARD

PROFILES
PART 1IV: LAYOUT DESIGN OF LANDING GEAR AND SYSTEMS
PART V: COMPONENT WEIGHT ESTIMATION

PART VI: PRELIMINARY CALCULATION OF AERCGDYNAMIC,
THRUST AND POWER CHARACTERISTICS

PART VII: DETERMINATION OF STABILITY, CONTROL AND
PERFORMANCE CHARACTERISTICS: FAR AND
MILITARY REQUIREMENTS

PART VIII: AIRPLANE COST ESTIMATION: DESIGN,
DEVELOPMENT, MANUFACTURING AND OPERATING

The purpose of PART VI is to present a systematic
approach to the prediction of drag, installed power and
thrust, lift, pitching moment and other important stabi-
lity and control data needed in preliminary design.

The methods presented in this volume are meant to be
used in conjunction with Preliminary Design Sequence II
as outlined in Chapter 2 of Part II of this series. For
that reason these methods are sometimes referred to as
Class II methods. The preceeding Class I methods are co-
vered in Part I and Part II of this series and are meant
to be used with Preliminary Design Sequence I as outlined
also in Chapter 2 of Part II.

In Chapter 2 some important definitions relating to
flight regime and reference geometries are discussed.

Chapter 3 presents different ways by which airplane
drag polars can be represented by simple mathematical
models. Several examples are given.

Chapter 4 presents a method to predict the component
drag breakdown and the total drag of airplanes. Example
drag data are given in Chapter 5.
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Methods for predicting installed thrust and power
characteristics are presented in Chapter 6. Example
thrust and power data are given in Chapter 7.

Chapter 8 contains methods for predicting lift and
pitching moment characteristics of airplanes with and
without (mechanical) flaps. Example data are given in
Chapter 9.

Prediction methods for stability, control and hinge
moment derivatives are presented in Chapter 10 with
example data provided in Chapter 11.

To make the use of this book easy on students, a
USER's GUIDE is presented in Chapter 12. Aeronautical
engineering students should use this guide to prevent
wasting a lot of time chasing non-existing problems.

Appendix A contains data on the atmosphere.

Appendix B contains data needed in the estimation of
areas and volumes.
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2. IMPORTANT DEFINITIONS

In this text frequent use is made of:

2.1 Flow regimes defined in terms of Mach number
2.2 Reference geometries defined in terms of areas
and lengths

The purpose of this chapter is to define the physi-
cal and the mathematical meaning of these terms.

2.1 E ED
In this text the following flow regimes are used:

2.1.1 Subsonic Flow Regime
2.1.2 Transonic Flow Regime
2.1.3 Supersonic Flow Regime

2,1,1 Subsonic Flow Regime

In terms of Mach number the subsonic flow regime is
defined as:

SUBSONIC: 0 < M < 0.60

It is assumed that in this flow regime all compres-
sibility effects are negligible. The reader should keep
in mind that whether or not compressibility effects are
negligible depends not just on the free stream Mach num-
ber but also on thickness and on angle of attack.

Where the subsonic flow regime ends depends on the
values of critical and drag divergence Mach numbers:

The c¢critical Mach pnumber is that free stream Mach

number for which a condition of M=1 is first reached
somewhere on the airplane.

Figure 2.1 shows how the critical Mach number varies
with airfoil shape and with airfoil 1lift coefficient (or
angle of attack).

The drag divergence Mach number is that free stream

Mach number for which:

Boeing definition: the drag coefficient first

reaches a value of 0.0020 above that in the
subsonic flow regime.
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Douglas definition: the slope of the drag coef-

ficient versus Mach number first reaches the
value of 0.10.

Figure 2.2 depicts these definitions graphically.
Experience shows that there is no significant difference
between these definitions.

The following equations may be used to estimate the
drag divergence Mach number for airfoils:

For modern (aft-loaded) airfoils:

M = 0.95 - (t/c)max - cl/10 (2.1)

DD
For NACA airfoils:

M = 0.90 - (t/c)max - cl/10 (2.2)

DD
Figures 2.3 may be used to estimate the drag diver-
gence Mach number of uncambered wings. For wings with
camber, determine the lift coefficient for zero angle of
attack, CL . Then use Figures 2.3 with:
o

C. =¢C + C (2.3)
L Lactual Lo

Reference 8 contains a wealth of information on the
effect of the geometry of fuselages and wings on critical
and on drag divergence Mach number.

2.1.2 Transonic Flow Regime

In terms of Mach number the transonic flow regime is
defined as:

TRANSONIC: 0.60 < M < 1.2

Mathematically speaking, the transonic flow regime
starts at the critical Mach number.

Physically speaking, the transonic flow regime
starts at the drag divergence Mach number.

In the transonic flow regime compressibility effects
cannot be neglected. The reader should keep in mind that
compressibility effects in this flow regime are a strong
function of thickness ratio (for lifting surfaces such as
wings, pylons and tails) and of cross sectional area dis-
tributions. The sweep angle of lifting surfaces is also
an important parameter.
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To reduce drag in the transonic flow regime the con-
cept of area ruling plays an important role.

Reference 8 contains information on the variation of
drag with Mach number in the transonic speed regime below
M=1. Reference 9 should be used for the estimation of
drag in the transonic flow regime above M=1.

For applications of the area rule concept, ref.10
should be consulted.

2.1.3 Supersonic Flow Regime

In terms of Mach number the supersonic flow regime
is defined as:

SUPERSONIC: 1.2 ¢( M < 3.0

The aerodynamic behavior of airplanes in this flow
regime depends strongly on the location of Mach lines re-
lative to the airplane geometry. 1In particular whether
or not the wing has a subsonic, supersonic or mixed flow
leading edge has important consequences.

Figure 2.4 illustrates what is meant by subsonic/
supersonic leading edges.

Reference 9 contains methods for estimating drag in
this flow regime.

Note: Reference 11 is strongly recommended as a ge-
neral text on the effect of Mach number and of angle of
attack on the drag and lift characteristics of airplanes.

2.2 PORT R

2.2.1 Wing Planform Geometries

In this text, all aerodynamic characteristics of
airplanes are referred to so-called reference geometries.
This is accomplished through the introduction of dimen-
sionless coefficients for drag, lift, pitching moment,
side force, rolling moment and yawing moment in the fol-
lowing manner:

For drag: D = CDES (2.4)
For lift: L = C.gS (2.5)
For pitching moment: My = Cmasa (2.6)
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For side force: FA = qus (2.7)
For rolling moment: LA = ClaSb (2.8)
For yawing moment: NA = CnESb ‘ (2.9)
The reference geometries in Equations (2.4) through

(2.9) are S, ¢ and b respectively. These reference geo-
metries are normally based on the wing planform. For a
straight, tapered wing these parameters are defined in
Figure 2.5.

Most wings cannot be classified as straight, tapered
wings. Leading edges and trailing edges are often broken
or curved to achieve certain aerodynamic, structural or
configurational objectives. Figure 2.6 shows how the pa-

rameters S, ¢ and b are defined for non straight, tapered
wings. Note that a so-called equivalent wing is defined
for these planforms. This equivalent wing definition is
found by 'averaging'’ areas.

In some airplanes the wings have very rapid changes
in leading edge shape and/or trailing edge shape. Exam-
ples are shown in Figure 2.7. The definitions of S, c
and b for such wings are also given in Figure 2.7.

Although the definition of airplane reference geome-
tries is in principle arbitrary, the reader should not
deviate too far from the definitions used here. The rea-
son is that in the aerodynamic literature cited in this
text the reference geometries are those defined here.

In addition to the parameters S, c and b, quantities
such as taper ratio and sweep angle play an important
role. Figures 2.5 and 2.6 also define these quantities.

2.2.2 Empennage Planform Geometries

To determine the contributions of empennage surfaces
(horizontal tail, canard and/or vertical tail) to the ae-
rodynamic characteristics of airplanes it is necessary to
define their planform geometries. Figure 2.8 does this
for horizontal tails and for canards. Figure 2.9 does
this for vertical tails.
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3. SUMMARY OF DRAG CAUSES AND DRAG MODELLING

T T T T Ty ey T T T T F ¥
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The purpose of this chapter is to summarize the phy-
sical causes of drag, to present ways of breaking down
drag and to discuss frequently used methods of modelling
drag for use in airplane performance calculations.

For a more detailed study of drag, drag causes and
drag computation methods the reader should consult
references 8-1S5.

3.1 PHYSICAL CAUSES OF DRAG

Total drag is defined as the sum of zero-lift drag
and induced drag (or drag due to 1lift):

Total Drag = Zero-lift Drag + Drag-due-to-lift (3.1)

This basic breakdown for will be used in all three
speed ranges used in this text:

1. Subsonic speed range: 0 {M<O0.6
2. Transonic speed range: 0.6 <( M < 1.2
3. Supersonic speed range: 1.2 <( M < 3.0

The zero-lift drag of an airplane is considered to
be the sum of skin friction drag and pressure drag:

Zero-l1lift Drag = Skin-friction Drag + Pressure Drag (3.2)

Skin-friction drag is caused by the shearing stres-
ses within the thin layer of air adjacent to the skin.
This layer of air is called the boundary layer. It ari-
ses as a result of the viscosity of the air which resists
a body passing through it.

The magnitude of this viscous resistance depends on
whether the flow in the boundary layer is laminar or tur-
bulent. Whether the boundary layer is laminar or turbu-
lent depends on the Reynolds Number, on the pressure dis-
tribution and on the roughness of the skin (surface).

Pressure drag is caused by the displacement thick-
ness of the boundary layer, which prevents full pressure
recovery at the trailing edge. As long as the boundary
layer remains attached, pressure drag tends to be small
in subsonic flight. However, in transonic and in super-
sonic flight pressure drag is identified with wave drag
and then becomes very significant.
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When the boundary layer becomes separated and/or
when bluntness is significant, pressure drag can be large
in any speed regime.

Drag-due-to—lift is considered to be the sum of
induced drag and viscous drag-due-to-lift:

Drag-due-to-1lift = Induced Drag + Viscous
Drag-due-to-1lift (3.3)

The induced drag, also called trailing edge vortex
drag (or simply vortex drag) depends on the spanwise
distribution of lift. It is proportional to the square
of the 1lift coefficient.

The viscous drag due to lift results from the change
in the boundary layer development as a result of 1lift.
The upper surface boundary layer thickness increases with
increasing angle of attack. This in turn results in an
increase in the so-called profile drag which itself is
the sum of skin-friction drag and pressure drag.

Figure 3.1 illustrates a drag breakdown according to
these physical causes. Intermediate drag types such as
induced drag, form drag and profile drag are indicated
also in Figure 3.1.

A major problem is that the basic drag causes in
Equations (3.1)-(3.3) are interdependent. The flow re-
gime in which the airplane is operating: Mach number,
Reynold’'s number and angle of attack all influence the
basic drag causes.

In predicting total airplane drag some 'book-keep-
ing’' procedures must be adopted. One 'book-keeping’ de-
cision which needs to be made is that which splits drag
from thrust. 1In this text the position is taken that
flow phenomena outside the airplane are associated with
the generation of drag. Flow phenomena inside the air-
plane which are not associated with the production of
thrust, are also considered to produce drag. An example
of this is cooling air flow around a piston engine.

On the other hand, flow phenomena inside engine(s)
(and/or nacelles) are associated with the production of
thrust (or power).

Chapters 4 and 5 deal with airplane drag. Chapters
6 and 7 deal with airplane thrust (or power). ‘
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3.2 DRAG BREAKDOWN METHOD

It is useful to break down the drag of an airplane
into that caused by its components. Figure 3.2 shows a
typical drag breakdown for a transport operating at a
high subsonic Mach number.

The drag breakdown method used in this text consi-
ders total airplane drag to be the sum of component drag
contributions according to:

Airplane Drag = Component drag of (Wing + Fuselage +
+ Empennage + Nacelle/Pylon + Flap +
+ Landing Gear + Canopy/Windshield +
+ Store + Trim + Interference +
+ Miscellaneous) (3.4)

Chapter 4 presents a method for computing component
drag for subsonic, transonic and supersonic flight.

3.3 E T

To enable the rapid calculation of airplane perfor-
mance (discussed in Part VII), it is useful to represent
airplane drag polars by simple mathematical models.

In addition, it is necessary to assume that the air-
plane can be held in a 'trimmed’ state: no moments are
acting on the airplane and the pilot does not have to
exert a force on the cockpit controls. Requirements for
trim are discussed in detail in Ref.16. Part VII con-
tains methods for predicting trimmability.

To trim an airplane usually causes extra drag: trim
drag. Egn.(3.4) includes a term which accounts for trim
drag. All drag polars used in performance calculations
are assumed to be 'trimmed’ drag polars.

For essentially uncambered airplanes in subsonic
flight, the drag polar may be modelled as:

_ 2
CD = CDo + (CL) /nAe (3.5)

Note that the minimum drag occurs at CL = 0,

The F4C fighter airplane is an example of an
essentially uncambered airplane. Figure 3.3 shows its
drag polar. It is very well represented by Egn.(3.5).

For cambered airplanes, the minimum value of drag

Part VI Chapter 3 Page 16
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does not occur at CL = 0 and it becomes necessary to

represent the drag polar as:

2 2
Y4 o+ K'CL (3.6)

C, =¢C + K''(C, - C
D Phin L Lmin
Note that minimum drag in this case occurs at a lift
coefficient of C. = {K''/(K''+K')]C .
L Lmin
The Lockheed C-141 Starlifter is a cambered airplane
despite the fact that its wing uses symmetrical airfoil
sections (average section is NACA 0011). Since the wing
is installed at an incidence angle of 3.2 degrees the

airplane acts like it is cambered. Figure 3.4 shows the

C-141 low speed drag polar. Note that: CD = 0.0140,
min
which occurs at CL = 0.27.
min’
Note, that for an uncambered airplane Egn. (3.6)
reduces to Egn. (3.5) since in that case: CL = 0 and:
min
K'' + K' = 1/nAe (no camber only!) (3.7)

For airplanes flying at relatively high angles of
attack, the drag polars deviate significantly from the
parabolic shape. This is caused by flow separation re-
sulting in a steep rise in pressure drag. In that case
the polar is modelled as:

2 2

C,h=¢C + K'"'(C, - C )" + K'C +
D Dmin L2 Lmin L
+ KB(CL - CLB) (3.8)

Figure 3.5 illustrates a drag polar with this type
of behavior.

CL is the lift coefficient for which the steep drag
B
rise due to separation begins. The factor KB is called

the break drag-due-to-lift factor and is defined as:

K, = 0 for C;, < C

B L Ly (3.9)

KB > 0 for CL > CLB

Table 3.1 presents a summary of important lift-to-
drag ratios based on the drag polar models of Egns 3.5
and 3.6. These lift-to-drag ratios and the lift coeffi-
cients at which they occur are used in the performance
calculations presented in Part VII.
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4. DRAG POLAR PREDICTION METHODS

- F F 2 F 2 2 T 2 2 X E X 3+ 3 & 3 2 R 3 5 3

A Class I method for drag polar prediction was pre-
sented in Part I (Ch. 3). The purpose of this chapter is
to present a Class II method for predicting drag polars
of airplanes during the preliminary design phase. The
method is based on Reference 9 and applies to airplanes
with essentially straight, tapered wings. For other wing
planforms, see Reference 9.

4.1 DRAG BREAKDOWN PROCEDURE

Total airplane drag in lbs is written as:

D = CqS (4.1)
where: CD = the total airplane drag coefficient
a = 0.5p(U1)2 = 14828M2, also called (4.2)
free stream dynamic pressure, with:
p = air density: see Appendix A.
U, = steady state airspeed
8 = pressure ratio: see Appendix A.
M = U1/a = Mach number (4.3)
a = speed of sound: see Appendix A.
S = the wing planform or reference area.

Figures 2.5-2.7 define how this area is nor-
mally defined for a range of wing designs.

The total airplane drag coefficient is normally
broken down into the following components:

C, =2C + C + C + C +C + C
D Dwing Dfus Demp an Dflap Dgear
+ CD + C + C + C + CD (4.4)

cw store trim int misc

where: CD = wing drag coefficient: Section 4.2
wing

CD = fuselage drag coefficient: Section 4.3

fus
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C = empennage drag coefficient: Section 4.4

Demp
CD = nacelle/pylon drag coefficient, inclu-
np ding cooling drag: Section 4.5
CD = leading/trailing edge flap drag
flap coefficient: Section 4.6
CD = landing gear drag coefficient:
gear Section 4.7
Ch = canopy/windshield drag coefficient:
CcwW Section 4.8
CD = store(s) drag coefficient: Section 4.9
store
CD = trim drag coefficient: Section 4.10
trim
CD = interference drag coefficient:
int Section 4.11
Cp = miscellaneous drag coefficient, typi-
misc cally caused by such things as: speed

brakes, struts, inlet drag, antennas,
gaps and surface roughnesses:
Section 4.12

Sections 4.2 through 4.12 present methods for pre-
dicting the drag coefficient components in Eqn. (4.2).
Numerical examples of drag breakdowns and examples of
airplane drag polars are presented in Chapter 5.

Important Notes: 1.) The drag prediction methods
of Sections 4.2 through 4.5 apply only to flight cases

where the boundary layer is mostly turbulent. If exten-
sive laminar flow runs are present (for example because
of use of natural laminar flow airfoils or because of use
of 'forced’ laminar flow by suction), Section 4.13 may be
used to obtain the necessary drag corrections.

2.) The drag prediction methods of
Sections 4.2 through 4.5 apply only to ’'smooth’ surfa-
ces. If surface roughness is present, the procedure of
Sub-section 4.12.2 should be used in conjunction with the
methods of Sections 4.2 through 4.5.
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4.2 WING DRAG COEFFICIENT PREDICTION
4.2.1 Subsonic Wing Drag Coefficient

The subsonic wing drag coefficient is found from:

C

where:

D

win
C
Do

C
PL

g

w

w

C + CD (4.5)

o
w Lw

wing zero-lift drag coefficient,
see 4.2.1.1.

D

wing drag coefficient due to 1lift,
see 4.2.1.2.

4,2.1.1 Wing zero-lift drag coefficient

The subsonic wing zero-lift drag coefficient may be
computed from:

CDo =
w

where:

Part VI

5 4
(wa)(RLS)(Cf ){1 + L'(t/c) + 100(t/c) }Swet /S

wa

W w
(4.6)

= wing/fuselage interference factor: see

Figure 4.1. For a flying wing: wa = 1,0,

lifting surface correction factor found from
Figure 4.2.

turbulent flat plate friction coefficient of
the wing.

The general turbulent, flat plate friction
coefficient, Cf is shown in Figure 4.3 as a

function of Mach number and of Reynolds
number, RN'

For the wing, use: RNw = pUlcwe/p (4.7)

where: c¢
W

exposed wing m.g.c. (= wing
e m.g.c. for a flying wing)

n = coefficient of viscosity of
air: see Appendix A.

= airfoil thickness location parameter: see
Figure 4.4.
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t/c = thickness ratio defined at the mean geome-
tric chord of the wing: see Figure 4.5.

Swet = wetted area of the wing: see Figure 4.6
w and Appendix B.
S = wing or reference area. This is normally
the wing planform area: see Figs 2.5-2.7.
4.2.1.2 Wing drag coefficient due to lift
The wing drag coefficient due to lift is found from:
C. = (C, )/nhe + 2nC, e v + 4n(e ) 2w (4. 8)
DL L L 't t
W w
w
where: CL = wing lift coefficient, defined as:
w
C =C, -C. s /s -C_. S /S (4.9)
Lw L Lc Cc Lh h
where: C = W/gs (4.10)

The canard and horizontal tail 1lift coefficients,
CL and CL respectively, are determined from trim consi-
c h
derations. Their values depend on the center of gravity
location. To determine these empennage lift coefficients
a trim calculation must be performed. This is done with
the help of a trim diagram. Part VII contains a method

for constructing a trim diagram.

In early preliminary design it is sufficiently
accurate to set:

CLw = 1.05CL - (4.11)
A = wing aspect ratio = b2/S. where:
b = wing span: see Figures 2.5 - 2.7.
e = span efficiency factor, defined as:
e = 1.1(CL /A)/{R(CL /A) + (1 - R)n} (4.12)
%w %w
where: CL is the wing lift-curve slope which
a
w

can be found with the help of Chapter 10.
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R = leading edge suction parameter as
defined in Figure 4.7.

e, = wing twist angle, positive for wash-in,
negative for wash-out, see Figure 4.8.
v = induced drag factor due to linear twist, see
Figures 4.9.
w = zero-lift drag factor due to linear twist, see

Figures 4.10.

Note: this method for determining CL applies only
w
for CL < CL , the value of 1lift coefficient
1 B

where the flow begins to separate.
4.2,2 o)

The transonic wing drag coefficient is found from:

C =C + C (4.13)
Dwing Dow DLw
where: CD = wing zero-lift drag coefficient,
o see 4.2.2.1,
W
CD‘ = wing drag coefficient due to lift,
L see 4.2.2.2,
w
4.2,2.1 Wi o-lift i

In the transonic speed range the wing zero-lift drag
coefficient is found from:

CDo = CDo + CDw (4.14)
w W wave
at M=0.6
where: CD = the drag coefficent due to friction. It
oy is found from Egn. (4.6) and is assumed

to stay constant with Mach number in the

at M=0.6 entire transonic speed range.
CD = the wing wave drag coefficient which
Woave depends on the wing sweep angle, Ac/4'
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The wave drag coefficient, C for an unswept

Dw
wave

wing follows from Figure 4.11. This wave drag coeffi-
cient should be plotted against the Mach number in the
transonic speed range.

For a swept wing, proceed as follows:

From a plot of CD versus M for the unswept wing
Ywave

of the same aspect ratio, and thickness ratio, read the
following values:

M C and Mat C .

DD’ Dw D
wave w
peak wavepeak

Correct these values for sweep angle as follows:

1/2

M = MDD/(COSA ) (4.15)

DD
Ac/4
C .= C

Dwave
peakA

c/é

2.5

(cosAc/4) (4.16)

peak

Dwave

c/é4

M 1/2

at C = {M (4.17)

Dwave K at CD

pea
Ac/4

Draw in the line of CD versus Mach number
w
wave
AC/4
in the transonic speed range. A typical result is illus-

trated in Figure 4.12,

4.2.2.2 Wing drag coefficient due to lift

The transonic wing drag coefficient due to lift is
written as:

]/(cosAC/4)

wavepeak

2

L (4.18)

2
C = (C, /C.7)C
DL DL L

w
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The induced drag parameter (CD /CL2) may be found as
L
a function of transonic similarity parameters which are
defined in Figures 4.13.

4,2.3 § ic Wi b Coefficient

The supersonic wing drag coefficient is found from:

C =C + C (4.19)
Dwing Dow DLw
where: CD = wing zero-lift drag coefficient,
o see 4.2.3.1.
w
CD = wing drag coefficient due to lift,
L see 4.2.3.2.
W
4.2.3.1 Wi -lift a

The supersonic wing zero-lift drag coefficient
follows from:

CDo = CDw + CDw (4.20)
w f wave
where: Ch = the supersonic skin-friction drag
We coefficient, found from:
CD = C¢ Swet/s (4.21)
w w
f
where: Cf may be found from Figure 4.3.
w
CD = the wing wave drag coefficient which
w depends on the leading edge radius and

wave on whether the wing has a subsonic or a

supersonic leading edge: see Fig.2.4 for
definitions. For wings with sharp nose
airfoils, see Ref.9. For wings with
round nose airfoils:

F . ¢ i leadi jge:

2

CDw = CDLE + (16/3B){(t/c)eff} Sbw/S (4.22)
wave
F . it] bsonic leadi ige:
2
C = C + (16/3)cotA {(t/c) 1°8,.. /S (4.23)
Dw DLE LEbw eff bw
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The value of the pressure drag coefficient, CD
follows from Figures 4.14. LE

Figure 4.15 defines the meaning of basic wing area,
Sbw for several types of planform. The basic planform

leading edge sweep angle, ALE is also defined.
bw
Observe, that for a straight tapered wing: sbw = S.
The term (t/c)eff in Egns (4.22) and (4.23) is defi-
ned as follows:
b/2 /

_ 2 1
- {g(t/c) Cpy, Y]

1/2

2
(t/c)e /(s w/2) (4.24)

ff b

4.2.3.2 Wing drag coefficient due to lift

The wing drag coefficient due to lift is found from:

_ 2, 2
Cp. = (Cp /e )cy (4.25)
L, L

To compute the slope (CD /CL2), proceed as follows:
L
1.) calculate two wing planform parameters:

planform shape parameter, p = S/bc
r (4.26)
planform slenderness parameter, b/2cr

Figure 4.15 illustrates the meaning of the quan-
tities in Eqns (4.26) for some wing planforms.

2.) at the appropriate value of Bb/zcr. obtain

the value of {(nA)(CD /CLz)p/(p+1)} from

L
Fig.4.16. The symbol B is defined as:
B = (1 - n2H1/2 (4.27)
3.) calculate the value of (CD /CLZ) from:
L

2, _
(CDL/CL ) =
{(n2) (C, /. >)p/ (p+1))(1/nA) (1+p) /p (4.28)

L
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4.3 FUSELAGE DRAG COEFFICIENT PREDICTION

The subsonic fuselage drag coefficient is found from:

CDfus = CDo + CDL (4.29)
fus fus
where: CD = fuselage zero-lift drag coefficient,
o see 4.3.1.1.
fus
C = fuselage drag coefficient due to lift,
DL see 4.3.1.2.
fus *
4,3.1.1 -

The subsonic fuselage zero-lift drag coefficient is
found from:

_ 3
CDo = waCfqu{l + 60/(lf/df) +
fus
+ 0.0025(lf/df)}SwethS/S + CDb (4.30)
fus
where: wa = wing/fuselage interference factor, see

Figure 4.1. Note: for a fuselage alone,
use wa = 1,0,

Cf = turbulent flat plate skin-friction
fus coefficient of the fuselage.

The general, turbulent, flat plate fric-
tion coefficient Cf is shown in Fig.4.3

as a function of Mach number and of Rey-
nolds number, RN.

For the fuselage, use:

R pU.1./n (4.31)
Nfus 1°f
lf = fuselage length as shown in Figure 4.17.
df = maximum fuselage diameter (equivalent dia-

meter for fuselages with non-circular
cross section, see Figure 4.17).

Swet = wetted area of the fuselage. See
fus Figure 4.17 and Appendix B.
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= fuselage base-drag coefficient, given by:

1/2

3
[0.029(db/df) /{CD (s/s )} 1(s /8) (4.32)

ofus-base

fus fus

where: db = fuselage base diameter, defined in
Figure 4.17.

CD = zero-lift drag coefficient of
Ofus-base the fuselage exclusive of the
base (see Figure 4.17) as de-
termined from the first term
on the right hand side in
Egn. (4.30).

Sfus = fuselage maximum frontal area as
defined in Figure 4.17.

4,3.1.2 F ici (o]

The fuselage drag coefficient due to lift is found
from:

2
C = 2425, /S + nc. |o's /s (4.33)
D bfus dc plffus

where: o is the fuselage angle of attack in radians,
which is the same as the airplane angle of attack
as seen in Figure 4.18.

The airplane angle of attack can be estimated as

follows:
a = {(W/gS) - CLo}/CLa (4.34)
where: CL = airplane zero-angle-of-attack lift

o] coefficient, see Chapter 10.

CL = airplane lift-curve slope.

a see Chapter 10.

Sb = fuselage base area defined in Fig.4.17.
fus

n = ratio of the drag of a finite cylinder to the
drag of an infinite cylinder, see Figure 4.19.
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Cq = experimental steady state cross-flow drag

c
coefficient of a circular cylinder, obtained
from Figure 4.20.
S 1£ = fuselage planform area, illustrated in
P fus Figure 4.17.
1.0
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4,3.2 Transonic Fuselage Drag Coefficient

The transonic fuselage drag coefficient is found

from:
CDfus = CDo + CDL (4.35)
fus fus
where: CD = fuselage zero-lift drag coefficient,
o see 4.3.2.1.
fus
CD = fuselage drag coefficient due to 1lift,
qus see 4.3.2.2,

4.3.2,1 Fuselage zero-lift drag coefficient

The transonic fuselage zero-lift drag coefficient is
found from:

(C + CD ) + CDb +
fus pfus fus

+ (C )S /S (4.36)
Dwavef fus

C = R
D wf Df

°fus

us
where: wa may be obtained from Figure 4.1 up to M=0.9.

For the remainder of the transonic speed range,
wa = 1.0 should be used.

C = C )/S, (4.37)
Df ffus fus

the fuselage skin-friction drag coeffi-
cient at M = 0.6 which is assumed to stay
constant in the entire transonic range.
The value of Cf follows from Fig.4.3.

fus

(Swet

fus

C - (¢, ){60/(1f/df)3 +
fus
at M=0.6

+ 0.0025(1f/df)}(Swetfus)/S, (4.38)
the fuselage pressure drag coefficient.
This drag component is assumed to stay
constant from M=0.6 to M=1.0 and then
decrease linearly to zero at M=1.2,

C = the fuselage base drag coefficient as
given by Egn. (4.32) at M=0.6. From

fus 906 > M < 1.2 this drag coefficient
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may be determined by extrapolation,
using the ’'fairing lines’ shown in
Figure 4.21.

C = the fuselage wave drag coefficient

Dwavefus which follows from Figure 4.22,

Figure 4.23 illustrates how the transonic fuselage
zero-lift drag coefficient is built up in this manner.

NOTE WELL: The wave drag component of zero lift drag
can be much higher than predicted here if the cross sec-
tional area distribution of the wing/fuselage combination
is not 'smooth’. Sub-section 4.3.4 defines what is meant
by ’'smooth’ cross sectional area distributions.

4.3.2.2 Fuselage drag coefficient due to lift

The transonic fuselage drag coefficient due to lift
is found from:

c = a” 5 /s (4.39)
fus

with the angle of attack in radians.

4.3.3 Supersonic Fuselade Drad Coefficient

The supersonic fuselage drag coefficient is given

as:
CDfus = CDo + CDL (4.40)
fus fus
where: C, = fuselage zero-lift drag coefficient,
0 see 4.3.3.1.
fus
CD = fuselage drag coefficient due to lift,
L see 4.3.3.2.
fus
4.3.3.1 -

The supersonic fuselage zero-lift drag coefficient
follows from:

C ={C (S )/S + C + C +
ffus wetfus fus DN DA

+ C + C }(s )/s (4.41)

D D fus
A(NC) bfus
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where: Cf = turbulent flat plate skin-friction
fus coefficient of the fuselage, determined
as described under Eqgn. (4.30).
C and CD are the wave drag coefficients of the
A
fuselage nose and afterbody respectively.

D
N,

These wave drag coefficients may be deter-
mined from Figures 4.24 and 4.25 respecti-
vely. If the fuselage does not have a
circular cross section, the respective
equivalent diameters should be used when
using Figures 4.24 and 4.25.

NOTE WELL: The wave drag components of zero lift
drag can be much higher than predicted here if the cross
sectional area distribution of the wing/fuselage combina-
tion is not ’'smooth’. Sub-section 4.3.4 defines what is
meant by ’'smooth’ cross sectional area distributions.

CD = interference drag coefficient acting on
A(NC) the aft-fuselage due to the center-fuse-
lage. This coefficient may be found in
Figures 4.26 or 4.27.

C = fuselage base drag coefficient. For
fuselages with an approximate circular
cross section this coefficient may be
read from Figure 4.28, provided the fuse-
lage has no appreciable base area.

fus

Note: if the fuselage has an appreciable

base area (and this almost always is the

case in fighter airplanes), the value for
the fuselage base drag coefficient may be
obtained from:

2
Db —Cpb(db/df) (4.42)
fus . .
where the base pressure coefficient, C
b

C

follows from Figures 4.29.

4.3.3.2 Fuselage drag coefficient due to lift

The supersonic fuselage drag coefficient due to lift
depends strongly on the fuselage cross section:

C = F{(2a?)s /S + o (4.43)
D b C (s /S) ]
Leus fus dc plffus
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For a fuselage with circular cross section: F = 1.0
For a fuselage with elliptical cross section:
F = {(a/b) (cosw)? + (b/a) (sinw)?) (4.44)

where: a is the major axis of the elliptical cross
section.

b is the minor axis of the elliptical cross
section.

W
w

0 with the major axis horizontal.
90 deg. with the minor axis horizontal.

Values for cq are found in Figure 4.20.
c

4.3.4 The Area Rule Concept

The methods for predicting wave drag in Sub-sections
4,3.2 and 4.3.3 are valid only if the wing/fuselage/em-
pennage combination has a ’'smooth’ cross sectional area
distribution. Figure 4.30 illustrates how a cross secti-
onal area distribution of an airplane is obtained.

Whitcomb showed in Reference 17 that the wave drag
of an airplane in the transonic speed range is roughly
equal to the wave drag of its 'equivalent body of revolu-
tion. Figure 4.30 also shows the equivalent body of re-
volution for the same airplane. Note the irregularities
in the equivalent body of revolution.

Minimum wave drag can be achieved by designing the
wing/fuselage/empennage cross sectional area distribution
in such a way that its equivalent body of revolution ap-
proximates the so-called Sears-Haack bodies. This design
concept (due to Whitcomb) is referred to as area ruling.

Three types of Sears-Haack bodies are depicted in
Figure 4.31:

Type I: used to minimize wave drag for a given length
and volume.

Type 1II: used to minimize wave drag for a given length
and diameter.

Type III: used to minimize wave drag for a given diameter
and volume.
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The wave drag coefficients and volumes for the three
Sears—-Haack bodies are also given in Figure 4.31.

Note: these wave drag coefficients apply to super-
sonic Mach numbers only! To a first order of approxima-
tion these supersonic wave drag coefficients are indepen-
dent of Mach number.

It is clear that to minimize wave drag it is essen-
tial to distribute any given volume over as much length
as possible. However, in airplane layout design several
constraints are encountered. Typical constraints are:

a) the airplane may not exceed a given length: this
constraint is nearly always encountered in carrier based
airplanes. Supersonic transports may encounter length
limitations for reasons of ground maneuvering, gate space
restrictions and hangar size limits.

b) the airplane must have a minimum total volume:
this constraint comes about because of the need to carry
fuel, payload,s fixed equipment, landing gear and engines.
Even airplane structures need a minimum amount of volume.

c) the airplane must have a minimum outside diame-
ter: this constraint arises because of the need for cabin
volume, engine size and/or payload size.

Because of these constraints on length, volume and
diameter it may be necessary to strike a compromise in
the layout design of transonic and supersonic airplanes.

From the previous discussion it is obvious that ear-
ly knowledge of volume requirements inside the airplane
is essential. The airplane layout design procedures of
Chapters 4-9 in Part II must be augmented with the fol-
lowing step-by-step procedure:

Step 1: Tabulate preliminary volume requirements as
indicated in Table 4.1.

Tables 4.2 give data for the volumetric requirements
of the elements listed in Table 4.1. It is essential
that the ‘critical’ (= minimum required) length for all
elements is identified. The reader should use judgement
in deciding where element critical lengths may overlap.

Step 2: Prepare a preliminary airplane layout which
includes all elements listed in Step 1. Do
not forget to cross-check with the design
layout procedures of Chapters 4-9 of Pt.II.
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Table 4.1 Critical Volume and Length Requirements

Airplane Element Critical Critical
Volume Length
(£t3) (£t)

Forebody: radome, avionics,

cockpit, nose gear

Mid section: gun or weapons bay,

main gear, avionics, control
runs, body fuel, fixed equipment,
wing sweep mechanism, inlets

Aft body: engine bay(s), tail-
pipes, nozzles, afterburners,
body fuel, empennage carry-through

Wing: total wing volume outside
the body.

em: if required,
this normally resides in the for-
ward part of the fuselage.

Empennage: total empennage
volume outside the body.

Streamtube: that volume taken
up by the inlet, engines, tail-
pipes, afterburners and nozzles.

Inlet stream tube: that volume
taken up by the inlet up to the

engine compressor faces.

Note: This table can be completed only after a prelimi-
nary layout of the airplane has been prepared.
Chapters 4-9 in Part II provide step-by-step pro-
cedures for preparing such a layout. Tables 4.2a
and 4.2b should be consulted for preliminary data
on volumetric requirements of airplane elements.
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Table 4.2a Critical Volume, Cross Section and Length Data

Notes: 1. Data given are minimum data for fighters. For
transports the volume needs follow from layout
design results of Chapters 4-9 in Part II.
2. All data refer to 'installed’ volumes, not to
actual volumes. Data based on Reference 18.

Element o Volume ) Cross Section Length
gt (££2) (£t)

. 4 2
Radome: 0.22(drad + 0.33) (ﬂ/4)(drad)
Cockpit: today 70.0 14,0 upright

future 50.0 11.0 upright
7.0 semi-supine

Nose gear: 15.0 3.0 (fighters only!)

Weapons: see Part IV, Chapter 3 for dimensioned data on
weapons and stores. Some statistical data are:

conformal carriage: 1.5 ft3/1,000 1lbs 3.0
internal bay: 3
tube launch: 20 ft3/1,000 lbs weapon
ejector launch: 33 ft“/1,000 lbs weapon
Guns: Mk61l 20 mm 14,0 gun + 2
Oerlikon 30 mm 4.8 gun + 2
Anmunition: 20 mm 0.oi3~ftg/round
30 mm 0.052 ft"/round

Main Gear: {9 + 1078 (2. 56cBR - 4.86)WTO(1.924CBR)-0'158

For CBR (California Bearing Ratio) definitions and its
relation to airfield type, see Ref.19,

For fighters: CBR = 3.0 - 5.0 For transports: CBR = 12
Arresting gear: 4.0

Hydr. /pneum. systems: 0. 00046WTO

Electrical systems: 4.0 (for fighters only)

Armor: 1.0

Environmental system: 15.0 (for fighters only)
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Table 4.2b Critical Volume, Cross Section and Length Data

Element | Volume Cross Section Length
(£t?) (£t2) (£t)
Oxygen system: 6.0 per crew member for fighters
Auxjliary gear: O.OOOOSWTO
Ccontrol runs: 1.0 ft2 between the
cockpit and empennage
F uc e: 0.13(lf/df)swet

fus
Wing: volume outside the body, computed from the wing
layout drawing of Step 6.13 in Part II.

. . 2
Wing sweep mechanism: 0.4(c_ )" (t/c) we » C_= chord at
p max " £ P pivot
Body fuel: use a volumetric efficiency of 85
percent for fuselage tanks.

Refuelling system: 2 fts, normally in the forebody

Empennage: volume outside the body, computed from the
empennage layout drawing of Step 8.7, Part II.

Streamtube: that volume taken up by inlets, engines,
tailpipes, afterburners and nozzles.

Wasted volume: it is not possible to package a fuselage
without wasted volume. Many system components require
accessibility: this adds volume. The following equation
is suggested for computing wasted volume:

1/2

\ = 0.212{3(vVol. ) }

waste /lf) + 2.7(Vol

fuslf

where: Volfus = sum of all previous volume requirements.

fus

1f is the overall fuselage length
: = .
Total volume: VOlfus * Vwaste
Inlet stream tube: that volume taken up by the inlet up
to the engine compressor faces. This volume is subtrac-

ted from the total volume in arriving at the net cross-
sectional area distribution.
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Step 3: Translate the preliminary airplane layout
into a cross sectional area plot as shown in
Figure 4.32. Make certain that all volume-
tric and critical length requirements of
Step 1 are satisfied.

Step 4: Decide which of the Sears-Haack bodies of
Figure 4.31 best fit the cross sectional
area plot of Step 3. Overlay the selected
Sears—-Haack cross sectional area plots.

Step 5: Adjust the fuselage geometry until the air-
plane cross sectional area plot MINUS its
inlet capture area conforms to the selected
Sears—-Haack shapes.

Figure 4.33 shows an example of a cross sectional
area distribution of a fighter airplane. Figure 4.34
shows several critical cross sections.

Note that the 'bump’ in the area distribution due to
the canopy are eliminated by indenting the local fuselage
cross section. The Dassault Rafale is an example of a
fighter airplane where this has also been done.

Note that the 'bump’ in the area distribution due to
the wing has been eliminated also by indenting the local
fuselage cross section. The result is a ’'coke-bottle’
shape. Further examples of this coke-bottling are shown
in Figures 3.54 - 3,56 in Part II.

Airplanes which fly at high subsonic Mach numbers
may require so-called 'local’ area ruling. Examples of
'local’ area ruling are found in the Boeing 737-300 wing/
nacelle region, in the Northrop F-5 wing/tiptank region
and in the DC-10 center-engine/vertical tail region.

In using 'local’ area ruling, only local cross sec-
tional area distributions are constructed. When these
local cross sectional area distributions are ’'smooth’, no
major problems in dragrise at high subsonic Mach numbers
should be expected.

Part VI Chapter 4 Page 63



.63 GTEPS VERT. TAILS

CROSS
SECTIONAL
AREA

INLET STREAMTUBE
A INLET i #
LONGITUDINAL STATION

COPIED FROM REF.)\&
COURTESY . B -NELSON

(NORTHROFPD
k) 2132
A1 R XAMAX'X 2 [ A2 l. - x'foAX
PMax XAMAX Amax = AexiT * AINLET CaXAmax
P.b3 STEPH \ '
. SEARS TYPE 2
AaE)A SEARS TYPE 1

‘ AINLET l _L

XINLET |
XAmAX

XEXIT
s
FIRST STAGE AIRPLANE CROSS SECTION DEFINITION (TARGET)

4.32 [e) i : (R

Part VI Chapter 4 Page 64



CROSS-SECTIONAL AREA-SQ IN.

2600 | 06Lg
AMAX L
2400 Y
SEARS TYPED 4 DENSITY APPROX-35 LB/CUBIC FT
\ Xy CARTURE AREA = 600 SQ IN. REMOVED
2000 7V WING M =[1.0 \‘ [ |
Py —~~ | \\ ]\ o SEARS TYPEN
o ,/4, > R
1200 ’CANEPY// \\\
;}/ FUSELAGE A\ \\
* v 1 D\ N
w00 74 7 wikam = 10 N\ Y
P22 N\ EXIT AREA
400 SQ IN.
0.0 < AN, ]
100~~~140___180 \w_zeo___soo__m-/seo 420 460 500 540 580 620 700
FUSELAGE STATION-INCHES COPIED FROM: REF I8
COURTESY: B.NELSDON
" (NOBTHROP)
4.33 X i i i io
»43° TURNOVER
. ANGLE
COPIED FROM : REF 18 Pl L~
COURTESY : B.NELSON o o :
(NOBTHROP)D

Part VI Chapter 4 Page 65



4.4 EMPENNAGE DRAG COEFFICIENT PREDICTION
4.4.1 oni D

The subsonic empennage drag coefficient is found
from:

CDem = SUMi{(CDO )i + (CDL )i} (4.45)
P emp emp
where: (CD )i = empennage zero-lift drag coefficient
o of the number i empennage surface,
emp see 4.4.1.1,
(CD )i = empennage drag coefficient due to lift
Le of the number i empennage surface,
mp see 4.4.1.2.
4,4.1.1 nn -1i efficient )
The empennage zero-lift drag coefficient, (CD )i
o
emp

may be computed with Equation (4.6) after replacing the
appropriate wing parameters with those for the empennage.

It is assumed here that any airplane may have the
following empennage surfaces:

* horizontal tail surface(s),
* canard surface(s) and
* vertical tail surface(s)

How many of these surfaces an airplane has and where
they are located depends strongly on the configuration of
the airplane. Chapter 3 of Part II presents more than
150 airplane configurations with different approaches to
empennage layout design. Chapter 8 of Part II as well as
Chapter V of Part III contain methods and examples for
the sizing of empennage surfaces.

NOTE: For each of these empennage surfaces Eqn. (4.6)
must be used with the following substitutions:

S = (S ).
wetw wetemp 1

wa = 1.0

R

as determined from Figure 4.2, but using the

LS individual empennage surface sweep angle.
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C = C which follows from Figure 4.3 at the ap-
fw femp 4
propriate empennage Reynolds number computed with as cha-

racteristic length, cemp ,» the exposed mean geometric
e

chord for each empennage surface.

L' = as determined from Figure 4.4, using the maxi-
mum thickness location associated with each
empennage airfoil.

(t/c) = maximum thickness ratio associated with
each empennage airfoil, taken at its expo-
sed mean geometric chord.

The empennage wetted area, (Swet )i will normally
emp

be different for each empennage surface.

4.4.1.2 Empennage drag coefficient due to lift

The empennage drag coefficient due to lift,
(CD )i may be computed with the following method:

Lemp

Horizontal Tail(s) d

Most canard and horizontal tail surfaces develop
lift in a steady state flight condition. This lift
causes induced drag.

In this text, the lift carried by empennage surfaces
is split into two components:

1. Lift caused by the reference incidence setting of
any empennage surface: the induced drag caused by
this 1ift is accounted for in this paragraph.

2. Lift caused by the requirement to ’'trim’' the air-
plane at a particular center of gravity location:
the induced drag caused by this 1lift is referred
to as 'trim’' drag: see Section 4.10.

If the empennage employs the so-called butterfly
arrangement, the projection method of page 206 in Part II
may be used to arrive at the 'equivalent horizontal' and
the 'equivalent vertical’ tail surface.

The amount of 1lift on a horizontal tail surface can
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be computed from:

C =C

Lh L (ah - a ) (4.46)

with: @ a(l1 - de/da) + ih (4.47)

The amount of 1lift on a canard surface can be
computed from:

C = C (e — a ) (4.438)
Lc a c L

with: a, = a(l + deC/da) + ic (4.49)

Methods for predicting downwash e, upwash e and the

zero lift angles of attack, e, and @, . are presented
L L
in Chapter 10, h ¢

In airplanes with a fixed horizontal tailplane, ih
is usually zero. In airplanes with a fixed canard, ic is

normally set to assure that the canard stalls before the
wing. In preliminary design it is acceptable to set:

1c = astallc - astallw + 1w + 3 (4.50)

where the values for astallc and astallw are taken as the

airfoil stall angles of attack at the m.g.c. of their
respective surfaces and where the wing incidence angle,
iw may be found from Tables 6.7 in Part II or from

page 197 in Part III.

Since horizontal tails and canards are normally not
twisted, their drag-due-to-lift may be computed from
Eqgn. (4. 8) with et=0. to yield:

_ 2
= {(CL )" /nA, e

2
C h h}Sh/S + [(CL ) /nACeC}SC/S (4.51)

D h . c

Lemp
This equation applies to an airplane equipped with
one horizontal tail and with one canard. If more empen-

nage surfaces are present, they must be accounted for in
a manner analogous to Eqn. (4.51).
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Values for CL and CL follow from Egns (4.46) and
h c
(4.48) respectively.

Values for Ah’ Ac, Sh and Sc follow from airplane
threeviews as developed in Chapter 13 of Part II.
For the Oswald efficiencies en and e, the fol-

lowing values are suggested:

ey = 0.5 for fuselage mounted tails
= 0.75 for T-tails
ec = 0.5

Vertical Tail Surface(s)

Vertical tails are normally installed symmetrically
so that the vertical tail drag contribution due to 1lift
is usually zero. If the airplane is sideslipping over an
angle B, this angle B should be considered as the angle
of attack of the vertical tail. A modified version of
Egn. (4.51) may then be used to calculate the drag due to
lift (in sideslip) of the vertical tail.

4.4.2 Transonic Empennage Drag Coefficient

The transonic empennage drag coefficient may be
found from:

CD = SUMi{(CD )i + (CD )i] (4.52)
emp oemp Lemp
where: (CD )i = empennage zero-lift drag coefficient
%em of the number i empennage surface,
P see 4.4.2.1,
(CD )i = empennage drag coefficient due to lift
Lem of the number i empennage surface,
P see 4.4.2.2.
4.4.2.1 nna o-1i ag_c¢ i

In the transonic speed range the empennage zero-lift
drag coefficient is found from: .
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)i(Se )i/S (4.53)

mp
emp emp €M yave

at M=0.6

)i = empennage drag coefficient due to
em friction of the number i empennage
P surface at M=0.6. It is obtained from
at M=0.6 Egn. (4.6) with the same substitutions
as noted in 4.4.1.1.

(CD )i = empennage zero-lift wave drag coef-
emp . ve ficient obtained with the procedure
of 4.2.2.1 but with the appropriate
substitution of empennage (emp) pa-
parameters for wing (w) parameters.

To achieve acceptable wave drag characteristics, the
entire configuration, including its empennage surfaces
must be 'area-ruled’. A procedure for 'area-ruling' any
configuration is given in Sub-section 4.3.4.

4.4.2.2 Empennage drag coefficient due to 1ift
The transonic empennage drag coefficient due to
lift, (CD )i may be computed from Egn.(4.18), as long
Lemp
as the following substitutions are used:
. 2 .
To find (CD /CL )emp. from Figures 4.13, use the

L 1
appropriate transonic similarity parameters for the
number i empennage surface.

For CL use either CL or CL as in Equations

i h c

(4.46) or (4.438).
4.4.3 Supersonic Empennage Drag Coefficient

The supersonic empennage drag coefficient is found
from:

CDem = SUMi{(CDo )i + (CDL )i} (4.54)

P emp emp
where: (CD )i = zero lift drag coefficient of the
Cem number i empennage surface,
P see 4.4.3.1,
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). = drag coefficient due to lift of the

DLem 1 number i empennage surface,
3 see 4.4.3.2.
4.4.3.1 n o-1i icient

The supersonic empennage zero lift drag coefficient
is found from:

. ). + (C ). (4.55)
D D 1
° : emp f : empwave

(Swete )i/S (4.56)

where: (C ). = (C )
fem i mp

empf P

where: (Cf ). may be found from

emp 1
Fig.4.3 at the appropriate empennage
Reynolds number computed with as cha-
racteristic length, c , the exposed
e
mean geometric chord of each empennage
surface.

emp

(CD )i = wave drag coefficient of the number
emp. . ve i empennage surface. This wave
drag coefficient may be determined
with the method of 4.2.3.1 as long
as the appropriate empennage para-
meters are substituted for their
wing counterparts.

4.4.3.2 Empennage drag coefficient due to lift

The supersonic empennage drag coefficient due to
lift is found from:

2 2
L )empi(CLemp )i (4.57)

(CDL )i = (CDL/C
emp
Values for (CD /C
L
method of 4.2.3.2, as long as the appropriate parameter

substitutions are made.

2

L Jempi may be obtained from the

Values for (CL ), follow from either Egn. (4.46) or
emp :

from Egn. (4.48).
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4.5 NACELLE/PYLON DRAG COEFFICIENT PREDICTION

Methods for predicting nacelle/pylon drag are
presented as follows:

4.5.1 Isolated Nacelle/Pylon Drag Coefficient

This method is applicable in all speed regimes
considered in this text.

4,5.2 Installed Nacelle/Pylon Drag Coefficient
Increment

This method applies only in the subsonic speed
regime and provides the ’'interference’ drag
increment due to nacelle/pylon installations.

It is assumed that this ’'interference’ drag
increment is independent of Mach number as
long as the appropriate area ruling is used in
the transonic and supersonic speed ranges. See
Sub-section 4.3.4 for details on area ruling.

4.5.3 Windmilling Drag and Propeller Drag Coef-
ficients

This method provides the drag increase caused
by engine and/or propeller stoppage.

These methods should be applied as follows:

Step 1: Determine the subsonic installed drag incre-
ment due to the nacelle or the nacelle/pylon
combination from Sub-section 4.5.2. Again:
this drag increment represents the interfe-
rence drag of the installation.

Step 2: Determine the drag increments due to tran-
sonic and supersonic operations from Sub-
section 4.5.1 which assumes the nacelle/py-
lon to be isolated.

Step 3: Add the transonic and/or supersonic incre-
ments from Step 2 to the nacelle/pylon in-
terference drag obtained in Step 1.

Step 4: For windmilling and/or propeller drag incre-

ments use Sub-section 4.5.3. Add this drag
increment to the drag obtained in Step 3.
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4,5.1 olated c / o) ici

The nacelle/pylon drag coefficient may be computed.

from:
Can = CDn + CDp (4.58)
where: CD = nacelle drag coefficient, see 4.5.1.1,
CDn = pylon drag coefficient, see 4.5.1.2.
P
4.5.1.1 Nacelle drag coefficient

Engine operating:

The nacelle drag coefficient is found from:

CDn = SUMi(CDn)i (4.59)
The number i equals the number of nacelles on the
airplane. Each nacelle drag coefficient, (CD )i is com-
n
puted with the method of Section 4.3. This assumes that

a nacelle can be treated as if it is a (small) fuselage.

Note: nacelles will generate 1lift when placed at an
angle of attack. Local nacelle angle of attack should be
expressed as:

e, =a v i +oe, (4.60)
where: ¢ = wing angle of attack
in = nacelle incidence angle. see Figure 4. 35,

€, = nacelle upwash and downwash angle. This depends
on where the nacelle is intalled on the airplane.
Figure 4.36 illustrates two possibilities.
€, > 0 for upwash and eg; < 0 for downwash.

The nacelle up- or downwash angle follows from:
e =(den/da)a (4.61)
where: den/da is computed with the methods described in

Chapter 8.
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opera

In addition to the drag given by Egn. (4.59) there -
will be extra drag caused by engine or propeller wind-
milling. If a propeller is stopped, there will be extra
drag due to that.

Sub-section 4.5.3 deals with such cases.

4.5.1.2 Pylon drag coefficient

The pylon drag coefficient may be found from:

C = SUMi (Cn ), (4.62)

D D "1
P
It will be assumed here that the drag behavior of a
pylon can be modelled as that of an empennage. For this
reason, values for (CD )i may be obtained by using the
p
method of Section 4.4.

For vertically installed pylons (see Figure 4.37),
the pylon should be treated as a vertical tail: the drag
prediction method of Section 4.4 may be used.

For horizontally installed pylons (see Figure 4.38)
the pylon should be treated as a horizontal tail or as a
canard: use the drag prediction method of Section 4.4.

NOTA BENE 1: Nacelles installed in the proximity of
wings (see Figure 4.37a) must be installed so that they
are at zero local sideslip angle in the local flowfield.
This results in the need for 'toe-in’ for nacelles such
as in the Boeing 747 series airplanes: see Figure 4.39.

NOTA BENE 2: The methods of 4.5.1.1 and 4.5.1.2 ap-
ply to all speed regimes. However, in the transonic and
supersonic speed regimes the method is valid only as long
as the nacelle/pylon combination is included in the area-
ruling process described in Sub-section 4.3.3. Note: the
nacelle stream tube should pot be included in this area
ruling process.

4.5.2 talled c on Dra icient crement

Sub-section 4.5.1 provides a method for predicting
the drag coefficient, CD due to isolated nacelle/pylon
combinations. np

In the following, a method for computing the
interference drag increment caused by a nacelle/pylon
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installation is presented. The method is broken down
into three parts:

5.2.1 Wing/nacelle interference drag coefficient

5.2.2 Fuselage/nacelle interference drag
coefficient

4.5.2.3 Cooling drag coefficient increment

Which drag increment should be accounted for depends
on the airplane configuration.

4.5.2.1 Wing/nacelle interference drag coefficient
For turboprop and for piston-prop nacelle/wing

installations the interference drag coefficient is found
from:

_ 2
C = 0,036 (cnbn/S)(Acl + Ac1 ) (4.63)

1 2

where: Ch and bn are defined in Figure 4.40.

Ac11 = 0.2 for a nacelle on top of the wing
= -0.3 for a nacelle below the wing

Ac12 = 0.056(in) (i, is in degrees)

in = nacelle incidence angle defined in

Figure 4.35.

For jet-drivep airplanes the wing/nacelle interfe-
rence drag coefficient is found from:

CDn = Fal(ACDn/CDn)CDn (4.64)
int

where: (ACD /CD ) follows from Figure 4.41 at the Mach
n n

numbers indicated.

CD = nacelle drag coefficient as determined
n in 4.5.1.1.

F = 1,0 for M < 0.5
a

1.0 for M > 0.5 and no local area ruling of
the nacelle/pylon/wing intersection.

0.5 for M > 0.5 and a locally area ruled
nacelle/pylon/wing intersection.
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4,5.2.2 i ici

The fuselage/nacelle interference drag coefficient
may be found from:

= ' -
CDn FaZ{(CDn) o.os}(snIS) (4.65)
int
where: (CD )' is found from Figure 4.42
n
Sn = maximum frontal area of the nacelle,
excluding the pylon: see Figure 4.38.
Fa = 1,0 for fuselage/nacelle intersections
2 without local area ruling
= 0.5 for fuselage/nacelle intersections with
local area ruling.
4.5.2.3 i icient inc n

The cooling drag coefficient increment for radial
air-cooled engine installations may be estimated from:

c, = (ac, ) in(@)>/4s) (4.66)
n cool n
cool
where: AC follows from Figure 4.43,
cool
dn = the maximum nacelle diameter as shown in

Figure 4.38.
4.5.3 Windmilli Dra o) Dra o) ici
The following cases should be considered:

1.) Windmilling drag coefficient due to jet engines:
see 4.5.3.1.

2.) Windmilling drag coefficient due to propellers:
see 4.5.3.2,

3.) Drag coefficient due to a stopped propeller:
see 4.5.3.3.

4.5.3.1 Wi i i c icient

The incremental drag coefficient due to a
windmilling jet engine may be estimated from:
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2
ACD = 0.0785(din )/S +

wmj 1 .
2
+ {2/(1 + 0.16M )}(Vnoz/Ul)(l - Vnoz/Ul)Snoz/s (4.67)
where: dinl = engine inlet diameter

nozzle cross section area

Sl"lOZ

Vnoz/Ul = ratio of average flow velocity in the
nozzle to the steady state flight speed
The following values are suggested for
this ratio:

vnoz/Ul = 0.25 for turbojets and turboprops

= 0.42 for low by-pass ratio jet engines

= 0.12 for the primary airflow of high by-
pass jet engines

]
(=]
L]
©
N

for the fan airflow of high bypass
jet engines

4.5.3.2 Windmillipg drag coefficient due to propellers

Reference 20 provides a method for estimating the
windmilling drag due to a propeller. 1In absence of that
reference it is suggested to use:

ACy = 33(1/gS)SHP
Wmprop

where: SHP

rated/U1 (4.68)

= maximum rated shaft horsepower of the
engine in the flight condition being
considered. Note: use hp!

rated

U, = steady state flight speed, in fps.
4.5.3.3 ficient t o)

The incremental drag coefficient due to a stopped
propeller may be estimated from:

A, = 0.00125n (D )2/s (4.69)

where: np = number of blades per propeller

Dp = diameter of the propeller
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4.6 P_DR ED N

The assumption is made that flaps will be deployed
only in the subsonic speed regime. For the effect of
flap drag at high speed the reader should consult
reference 9.

The drag coefficient due to flap deflection may be
estimated from:

Ch = AC + AC, + AC,. (4.70)
flap profflap 1flap mtflap
where: ACD = the flap profile drag increment,
profflap see 4.6.1.
ACD = the induced drag increment due to
1flap the flap, see 4.6.2.
ACD = the interference drag increment due
1ntflap to the flap, see 4.6.3.
4.6.1 Flap Profile Drag Increment

The following method applies to wings with sweep
angles up to 40 degrees. For higher sweep angles the
reader should consult Reference 9.

The flap profile drag increment may be found from:

ACDprof = (ACdp )(cosAC/4)Swf/S (4.71)
flap Ab/4=0
where: ACd = the two-dimensional profile drag
PA . =0 increment due to flaps.
cl/4

This increment depends on the type of flaps used:
For plain flaps: use Figure 4.44.

For split flaps, use Figure 4.45.

For single slotted flaps, use Figure 4.46.

For double slotted flaps: use Figure 4.47.
For Fowler flaps: use Figure 4.48.
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For Krueger flaps, use:

AC =C /c) (4.72)

(c
d Do kf

P =
Ac/4 0 v
where: Ch is obtained from Egn. (4.6).
Ow
ckf/c = ratio of wing chord with Krueger flap ex-
tended to that of the wing with the Krue-
ger flap retracted: see Figure 4.49.

For glats, use:

= C (cs/c) (4.73)

AC D

o
Pac/a™0 v
where: cS/c = ratio of wing chord with slats ex-
tended to that of the wing with the
slats retracted: See Figure 4.409.

d

Figure 4.50 illustrates these various flap types.

A = wing quarter chord sweep angle.

cl/4
Swf = the flapped wing area: see Figure 4.50.

4.6.2 duced Dra cre t Fla

The induced drag increment due to flaps may be
estimated from:

L2 2
ACDi = K (ACLfla ) cos/\c/4 (4.74)
flap p

where: ACL = the incremental 1ift coefficient due to
flap the flap. This quantity follows from
comparing a flaps-up with a flaps-down
CL—versus—a curve: see Figure 4.51.
Chapter 8 presents a method for con-
structing Fig.4.51.

K = an empirical constant which follows from
Figures 4.52 and 4.53.

4.6.3 Interference Drag Increment due to Flaps

The interference drag increment due to flaps may be
estimated from:
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ACDint ) KintACD rof
flap POt f1ap
where: ACD follows Sub-section 4.6.1,
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Kint = - 0.15 for split flaps
= 0 for plain flaps
= + 0,40 for slotted flaps
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4.7 DI N EA N

The assumption is made that landing gear deployment
will occur only in the subsonic speed regime. The method
presented here applies only at low speed.

The landing gear drag coefficient for an airplane
with i landing gears may be computed from:

C = SUM. [{(C ). + p.C.}(S ). /S] (4.76)
Dgear DgearC “o i i~L gear'i
L=
where: CD = the zero-lift drag coefficient of the
gear, _, landing gear based on its own refe-
L rence area, Sgear‘ Figures 4.54

through 4.60 provide data from which
the zero-lift drag coefficient of the
landing gear may be determined.

= reference area for the zero-lift gear
drag coefficient. This reference area
is defined in Figures 4.54-4,60. For most
landing gear types: S = btth, where

Sgear

gear

b, is the tire width and Dt is the

t
tire diameter.

p = a factor which accounts for the variation of
gear drag with lift. Figure 4.61 gives a me-
thod for determining this factor p.

Airplanes can have a number of different types of
landing gear. The summation over i landing gears in
Egn. (4.76) indicates this.

Figures 4.54 - 4,60 should be used as follows:

For fixed landing gears: Figures 4.54 and 4.55 apply to

non-retractable (= fixed) landing gears attached to wing
or fuselage. Note that these drag coefficients are based
on: Sgear = btth.

Figure 4.56 applies to non-re-
tractable (= fixed) landing gears attached to nacelles.
These drag coefficients are based on: Sgear = btth.

Important note: The data in Figures 4.54 - 4.56 ap-
ply to the entire main gear which is assumed to consist
of two of the legs shown in these figures.
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Note: 1. All CD values are referenced to gfq:and are valid for CL-O

2. All landing gears shown in this figure are assumed to have
streamlined tires such as shown in Figure 4.57

TYPE 4
V// /
//
//% ] 4 4//
W N 'Dt_- . I
b
Effect of streamlining Effect of wheel fairings

as shown in Figure 4.57

Non streamlined struts CD-2.56
CD=1.11 Fairing type A : CD-1.15
Struts also streamlined : CD=0.93 Fairing type B : CD=1.05

at intersections A and B Fairing type C : CD=0'71

Streamlined struts

Struts also streamlined : CD=0.85
at intersections A, B
and C

COPIED FROM REF. 2|

TYPE 2

N
\\\\
.

LAl

STREAMLING D
STRVT

31

Without wheel fairing : CD-O.565
With fairing type B : CD=O.54

With fairing type C : CD=0.49 as shown in Figure 4.57

Fj 4.54 tractab

AMW..M
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TYPE 3

% A
— W 2 28794

Without wheel fairing : CD=0.62

With fairing type A : CD=0.46
as shown in Figure 4.57

TYPE 4| |

L/
2 Y
4 //// : 3 ///(?W////
&
Vs L4
Y46 42 ()
443 &
Type 4, narrow strut, no fairing : CD=0.52
Type 4a, Narrow strut, small : CD=0.34
fairing
Type 4b, strut and wheel faired : CD=0.34
completely

COPIED FROM REF. 21

5 L

TYPE S

N
N

©)

With wheel fairing type C,
according to Figure 4.57 2 Cp= .68

Without wheel fairing : CD=1.05

4.55 : =
i 3-5
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Note: All CD values are referenced to &xl% of one wheel, but apply

to the entire landing gear, including interference drag

COPIED FBOM BREE 2|

C_ =0,45 - 0,74

C. = 0,45 - 0,60

C = 0'60 - 0'90

C = 1'85 - 2'10

Valid for CL=0 only

F. 4.56 . -

Attached to Nacelles
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: Figure 4.57 applies to
wheels with and without streamline caps (fairings). Note
that these drag coefficients are based on: Sgear = thDt'

For nose gears: Figure 4.58 applies to nose gears with
closed nosewheel doors. Note that the reference area is

again: Sgear = btth.

For retractable landing gears: Figure 4.59 provides the
data. Nota bene: these data are based on the reference
area: (axb) as defined in Figure 4.59. The drag coeffi-
cients again apply to the entire gear which is assumed to
consist of two legs.

rb :
Figure 4.61 shows a relationship between Afgear and W

for different types of landing gear. From these data:

C = Af /S (4.717)
Dgear gear

Many airplane configurations employ 'landing-gear-
bulge-fairings’'. Many examples of this are depicted in
Chapter 3 of Part II. The extra drag created by these
bulge fairings should be accounted for in the the esti-
mation of fuselage drag: see Section 4.3. Note that a
bulge fairing will add to the cross sectional area of the
fuselage and therefore will reduce the ‘effective’ fuse-
lage slenderness ratio parameter lf/df. This causes

an increase in fuselage drag as given by Egn. (4.30).
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4.8 Y/ D E N

The following method applies in the subsonic speed
range. In the transonic and supersonic speed ranges the
wave drag generated by canopies and windshields can be
significant. 1In these speed ranges it will be necessary
to employ area-ruling to cut wave drag to a minimum.
Sub-section 4.3.4 presents a discussion on area-ruling.

The drag coefficient due to a canopy and/or a wind-
shield may be found from:

C =C

D D + Cph (4.78)

Ccw can ws

where: C

D drag coefficient due to a canopy,

can see 4,8.1.

C

D drag coefficient due to a windshield,
WS see 4.8.2,

4.8.1 Cano Dra

The drag coefficient due to a canopy may be estima-
ted from:

Ch = (AC, )Scan’S (4.79)
can can

where: ACD = the incremental drag coefficient due to
can the canopy. Figures 4.62 through 4.67
provide data from which this increment
may be found. Note from Figure 4.67,
that this increment varies with Mach
number in the subsonic speed range!

SCan = the maximum frontal area of the canopy as
shown in Figure 4.62,

4. 8.2 Windshield Drag Prediction

The drag coefficient due to a windshield may be
determined from:

C = (ACD /S (4. 80)

D

)S
ws ws TUS

where: AC = incremental drag coefficient due to a
WS windshield: see Figure 4.68,
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4.9 STORE DRAG PREDICTION

Reference 9 provides detailed methods for estimating
the drag due to many external store arrangements. Lack--
ing that reference it is suggested to proceed as follows:

Step 1: Determine the isolated store drag coeffi-
cient, (CD )i for each store from the
store
method of Section 4.3 by considering each
isolated store to be like a fuselage.

Step 2: Compute the total store drag coefficient

from:
C = SUM. {(K ). (C ).} (4, 81)
Dstore 1 store’1 Dstore 1
where: (Kstore)i = store interference factor:
For semi-submerged stores as shown in
Figure 4.69: Kstore = 0.7
For external stores as shown in
Figure 4.70: K_, . = 1.3
(CD )i = drag coefficient of the
store isolated store, see Step 1.

Additional data on the drag of various externally
carried stores may be found in Reference 8.

SEMI-SUBMERGED OR CONFORMAL

4.69 Ex i-— ormal) o

EXTERANAL RACK OR PYLON

4.70 Ex X s
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4,10 TRIM DRAG PREDICTION

Trim drag is caused by lift generated on a horizon-
tal tail and/or a canard as a result of the requirement
to 'moment trim’ an airplane. Figure 4.71 illustrates
two types of trim forces to be considered here. These
trim force requirements result in two types of drag:

1, Trim drag due-to-lift generated on the trimming
surface

2. Profile drag generated on the trimming surface as
due to a control surface or a flap deflection.

The total trim drag coefficient may be found from:

C = ACD + AC (4.82)
trim trlmlift trlmprof
where: AC = the induced drag coefficient incre-
trimlift ment due to the need for generating
trim 1lift: see 4.10.1,
AC = the profile drag coefficient incre-
trim ment due to the need for generating

prof trim 1ift: see 4.10.2.

4.10.1 Trim Drag Due to Lift

The trim drag due-to-lift increment, AC, may

trim,,
be estimated from: lift

_ 2 2
AC rim = {(ACLh) /nAheh}S/Sh + [(ACLC) /nACeC}S/SC
lift
(4. 83)
where: ACL = the horizontal tail incremental lift coef-

h ficient required for trim: see Section 8.3.

the canard incremental 1ift coefficient re-
c quired for trim: see Section 8.3.

ACL

Ah and Ac follow from the airplane threeview as
developed in Chapter 13 of Part II.

ey and e are defined on page 68,

Cc
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4,10.2 Trim Drag Due to Profile Drag

The trim drag increment due to profile drag, is cau-
sed by the need to deflect an elevator, a canardvator or
a canard flap for purposes of trimming an airplane. The
following equation assumes that trim is accomplished by a
combination of elevator deflection and canard flap de-
flection:

ACD = AC cosAc/4(Sef/Sh)(Sh/S) +

. D
tr1mprof EAC/4;0 h
+ ACD COSAC/4(SCf/SC)(SC/S)
Pao | =0 c
c/é4g (4. 84)
where: ACD = the profile drag coefficient due to

an elevator and/or a canard control
surface. It may be found with the
method of Section 4.6, but with the
following substitutions:

Elevator and/or canardvator: these should be con-
sidered to be plain flaps. Elevator deflection,

se and/or canardvator deflection, ch are used

p -
l%/4_0

instead of the flap deflection, Sf.

Canard flap: if trimming is accomplished with a
canard flap then it must be determined what type
of flap the canard flap resembles most. The data
of Sub-section 4.6.1 can be used to estimate the
profile drag due to trim by a canard flap.

S flapped horizontal tail area, see Fig.4.72

ef
Scf = flapped canard area, see Fig.4.72

Sh and Sc are the canard and horizontal tail
areas respectively.
Note: trim can be accomplished also with a variable
incidence stabilizer or with an elevator trim tab. It is

left up to the user to make the required modifications in
Equations (4.83) and (4.84) to account for such cases.

Part VI Chapter 4 Page 105



TRIM FORCES

—

ACLC Qe Se

L
,twe

P>

\\ )

—— CANARDY FLAP OR CANARDVATOR

//"'% S%j? =

N
ANY

AN

_l,a FLAPPED C[LANARID ALREA

—_ ¢
t

R\L?’Qef\: Ve ELAPPED HOR.TAIL AREA

ELEVATOR

Figure 4.72 Definition of Flapped Areas
Part VI Chapter 4

Page 106



4.11 E

Interference drag is a type of drag which is not yet
fully understood. 1Its effect is that the total drag of
two or more airplane components when integrated in a con-
figuration is always larger than the sum of the individu-
al component drags.

Several interference drag factors were already ac-
counted for in Sections 4.2, 4.3, 4.5, 4.6 and 4.9. 1In
addition to interference drag accounted for by these fac-
tors, extra interference drag may be caused by:

1. Wing struts meeting a wing and/or a fuselage at
'sharp’ angles. Figure 4.73 shows such a case.

2. Empennage surfaces meeting each other or a fuse-
lage at ’‘sharp’ angles. Figure 4.74 illustrates
several cases.

3. Low or high wing airplanes tend to have more in-
terference drag than midwing airplanes: in the
midwing configuration, the ’'venturi’ effect is
absent. Figure 4.75 shows examples.

4, Wing/nacelle installations can have significantly
greater interference drag than suggested by the
the methods of 4.5.2.1 and 4.5.2.2.

In many instances it is possible to decrease inter-
ference drag by the use of so-called ’'fairings’. Figures
4.73 - 4.75 show typical fairings.

The reader should carefully examine his configurati-
on for additional causes of interference drag. To esti-
mate their effect, the interference drag data base pre-
sented in Reference 8 should be used.

4.12 MISCELLANEQOUS DRAG PREDICTION

The following drag items will be considered as
miscellaneous drag contributions:

4.12.1 Drag due to spoilers (or speed brakes)
4.12.2 Drag due to surface roughness
4.12.3 Drag due to other causes

4.12.1 D D o) oj ed )

The incremental drag coefficient due to spoilers may
be estimated from:
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Interference Drag
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ac éo I Jo.08c
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AC = Sumi[(ACD ) (s ./S)] (4. 85)

Dsp sp; 5Py

where: CDsp. is found from Figure 4.76 for several
1 spoiler locations.

Sspi is the flat plate area of each spoiler.

4.12.2 Drag Due to Surface Roughness

The methods for estimating friction and profile drag
of wings and fuselages as discussed in Sections 4.2 and
4.3 apply only to 'smooth’ surfaces. If a surface is
'rough’, additional drag is created.

The actual level of turbulent boundary layer
friction drag of ’'rough’ surfaces may be estimated with
the following procedure:

Step 1: Determine the reference length 1l: this is

Cy in the case of a wing and 1f in the case
e

of a fuselage.

Step 2: Compute the parameter 1/k, where k is deter-
mined from the following table:

Iype of Surface Equivalent Sand
Roughness., k. in ft

Aerodynamically smooth 0.0

Polished metal or polished wood 0.00000167 to 0.00000667

Natural sheet metal 0.00001333

Smooth matte paint,

carefully applied 0.00002083

Standard camouflage paint,

average application 0.00003333

Camouflage paint, mass-

production spray 0.0001

Dip-galvanized metal surface 0.0005

Natural surface of cast iron 0.00083
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As a practical matter, use this information as
follows:

For light airplanes with standard sheet metal manu-
facturing methods: use k = 0.,00001333 ft. '

For business jets and jet transports with sheet
metal manufacturing methods but polished surfaces:
use k = 0,000005 ft.

For airplanes made of composites and polished sur-
faces: use k = 0.00000167 ft.

For military airplanes with camouflage paint applied
in the factory: use k = 0.00002083 ft.

"For military airplanes with camouflage paint applied
in the field: use k = 0.0001 ft.

Step 3: Determine the ’'cut-off Reynolds number’,
Ry with the help of Figure 4.77.
cut-off

Step 4: Determine the actual Reynolds number with
Equation (4.7) or Equation (4.31).

Step 5: If RN > RN find Cf from Figure 4.3
cut-off
at the actual Reynolds number.
If RN < Ry find Cf from Figure 4.3
cut-off

at the ’'cut-off’ Reynolds number.
Step 6: Substitute the appropriate value of Cf for
Cf in Egn. (4.6) or for Cf in Egn. (4.30)
w fus
and proceed with the determination of the

desired zero-lift drag coefficients as indi-
cated in Sections 4.2 and 4.3.

4.12.3 Drag Due to Other Causes

Other causes for drag may be items such as: struts,
antennas, surface gaps, extra drag caused by inlet air
spillage and by exhaust nozzle integration. Strut and
antenna drag may be estimated by assuming these to be
like small wings. For surface gap drag the reader should
consult Ref.8. For estimation of extra inlet drag the
method of Sub-section 6.2.4 may be used. For estimation
of drag due to exhaust nozzles, see Section 6.3.
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4.13 DRAG ADJUSTMENTS FOR LAMINAR FLOW

During the 70's and the 80's it has become increa-
singly evident that natural laminar boundary layer flow
(instead of turbulent boundary layer flow) is practical
in many instances. The resulting reduction in friction

drag is very

significant and should be accounted for in

any realistic drag prediction procedure.

The methods presented in Sections 4.3 through 4.12
assume that the boundary layer is turbulent. To adjust
the airplane zero-lift drag coefficient downward due to
the existence of laminar flow, the following procedure
is recommended:

If laminar flow is expected to occur naturally
(natural laminar flow, also called NLF) start at Step 1.

If laminar flow is being forced, by suction or by
blowing, start at Step 2.

Step 1:

Part VI

Determine which components of the airplane
are likely to experience NLF.

In preliminary design the following criteria
for the existence of NLF may be used:

M < 0.65 ALE <{ 15 degrees
c, < 0.65 Ry < 107
design

Note: by careful design it is possible to
extend these criteria. Use of advan-
ced airfoil design codes is recommen-
ded to verify that NLF is practical.

Divide the surface area of all airplane
components which according to Step 1 will
have a certain amount of NLF in two parts:

S and S
wetlam

wet, rb

Figure 4.78 shows how these wetted areas are
defined for a wing and for a fuselage res-
pectively.

For a wing or for an empennage surféce.
use Equation (4.6), but replace the term:

{(Cf )Swet /S} by: (4. 86)

w w
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Cwiam v
LAMINAR FLOW ' | UPPER SURFACE

; / TRBANSITION
| | TUBBULENT
) 'X-— FLoOw

f
LOWER SURFACE
TRANSITION

P |

C L

TRANSITION

< Zf \) 2
S“,ETW = WETTED AREA OF THE WING
LA™ IN TRHE LAMINAR FLOW REGION
Swet,, = WETTED ABEA OF THE FUSELAGE
LAM IN THE LAMINAR FLOW BREGION
4,178 initi i
Lenaths and Reference Areas
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wlam wtur Wiam wtur

For a fuselage or for a body similar to a
fuselage, use Equation (4.30), but replace

the term:
{(C )S /S} by: (4.87)
ffus wetfus
{(C -C )S + (C )S 1/8
£ £ wet £ wet
fuslam fustur fuslam fustur fus
where: Cf is the turbulent wing skin fric-

tion coefficient as found on p.23
tur of this text.

c -1.328/R 1z, (4. 88)
fw Nw
lam lam
with: RNw = pUlcwlam/u (4.89)
lam
c is the wing reference length of

¥lam the laminar part of the wing:
see Figure 4.78.

Swet = the wing wetted area part
Yiam exposed to laminar flow,

see Figure 4.78.

C is the turbulent fuselage skin
fus friction coefficient as found
turon p.44 of this text.

Ce =1.328/ (R, Y12, (4.90)
fuslam fuslam
with: R = pU.1 /u (4.91)
N 1°f
fus1am lam
1 is the fuselage reference

lam length of the laminar part of
the fuselage: see Figure 4.78.

Swet = the fuselage wetted area
fuslam part exposed to laminar
flow, see Figure 4.78.

NOTES: 1. This procedure applies in the subsonic
speed range only!
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2. This procedure applies only as long as
any surface irregularities (steps, wavi-
ness and roughness) are within the limits
defined in Reference 23.

By using laminar flow control (sucking and/or blo-
wing) it is possible to achieve laminar flow under con-
ditions where natural laminar flow cannot be maintained.
References 24 - 26 provide some data on the types of sys-
tems needed to achieve controlled laminar flow and on a
number of operational considerations.

Once such systems are in place, the procedure given
above for the adjustment of friction drag would apply ex-
cept for the need to account for compressibility on the
equations for skin friction coefficient. Reference 27
should be consulted for replacement of Egns (4.88) and
(4.90) by equations which account for compressibility ef-
fects in the transonic speed range below M=1.0

This text does not provide a method for accounting
for laminar flow in the transonic speed range above M=1.0
nor for the supersonic flow regimes. This does not mean
that laminar flow in these speed ranges is not feasible.
Research in progress at NASA Langley indicates that in
particular in the supersonic flow range extensive laminar
flow may be possible. The conditions for which this can
be achieved have not yet been firmly established.

References 28-30 provide some data on the design of
fuselage shapes which are conducive to NLF. Design de-
tails such as inspection covers, doors and windshields
must receive very careful attention, if laminar flow ca-
pability is to be retained after the airplane has been in
service for some time!
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5. AIRPLANE DRAG DATA

3 £ 3 2 2 2 5 2 F & 3 & 3§ 3 25

The purpose of this chapter is to present a range of
actual airplane drag data. These data are given in the
form of:

5.1 Drag polars

5.2 Equivalent parasite areas

5.3 Oswald’s efficiency factors
5.4 Wetted area breakdown examples

Finally, once drag data for a new airplane have been
computed, they should always be ’'verified’ by comparison
against known drag data for similar airplanes. A method
for verifying drag polar predictions is given in:

5.5 Verification of realism of computed drag polars
5.1 A

Figures 5.1 through 5.19 present examples of actual
airplane drag polars. The information is organized in
the following manner:

Figure 5.1 Cessna 177: includes flap drag

Figure 5.2 Cessna 310: includes gear and flap drag

Figure 5.3 Gulfstream I: includes gear drag, flap
drag and drag due to a feathered engine

Figure 5.4 SAAB 340

Figure 5.5 Fokker F-27: includes gear and flap drag

Figure 5.6 Lockheed C-130H: includes ground effect
and compressibility data

Figure 5.7 SIAI-M S-211: includes gear and flap drag

Figure 5.8 NAA T2C: includes compressibility data

Figure 5.9 Convair F-106: includes supersonic drag

Figure 5.10 McDD AV8B: includes compressibility data

Figure 5.11 Learjet M25: includes compressibility data

Figure 5.12 Boeing 727-100: includes compressibility data
Figure 5.13 Boeing 707-320B: incl. compressibility data
Figure 5.14 Boeing 747-200: includes compressibility data
Figure 5.15 Boeing B-47B: includes compressibility data
Figure 5.16 Boeing B-52A: includes compressibility data
Figure 5.17 Lockheed C-141B: incl. compressibility data
Figure 5.18 Lockheed C-5A: includes compressibility data
Figure 5.19 Boeing SST Design: includes supersonic data

The reader should note that the wing (or reference)

area, S, upon which the drag and 1lift coefficient data
are based, is indicated on all Figures 5.1 through 5.19,.
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5.2 E A TE E

Figures 5.20 through 5.22 provide data on the rela-
tionship between total airplane equivalent parasite area,
'f', the equivalent skin friction coefficient, Cf and the

total airplane wetted area, S The zero-lift airplane

wet’

drag coefficient C is related to the equivalent para-

Do

site area, 'f’' and to airplane wing area, S by:

CDO = f/S (5.1)

‘The airplanes for which data are included in Figures
5.20-5.22 are described in some detail in various issues
of Reference 31. Wing areas, S, are also given in

Reference 31,
5.3 D' FFICIE FACTOR

Table 5.1 provides data for Oswald's efficiency
factor 'e' in the simplified airplane drag polar
equation:

_ 2
CD = CDo + (CL ) / nAe (5.2)

Note that high values of 'e' are rare, but they do
occur. The reader may 'reconstruct’ a value for 'e’' from
any drag polar by matching the polar to Equation 5.2.

5.4 EXAMPLES OF WETTED AREA BREAKDOWNS

Tables 5.2 and 5.3 present example data for wetted
area breakdowns of fighters, commuters, transports and a
business jet. Table 5.3 also includes data on the
breakdown of equivalent parasite area with the
corresponding value of average skin friction
coefficient.

The reader should always verify any computed wetted
area breakdown with known breakdowns for similar
airplanes. Any significant differences should be
explained!

The reader is also reminded of the correlations
between total airplane wetted area and airplane take-off
weight, provided in Chapter 3 of Part I. These data
should be regarded as a source of comparative
information.
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5,5 T )

After estimating the drag polar of a new airplane
with the methods of Chapter 4, the following procedure
should always be followed to verify that the computed
drag data are indeed 'in-the-ball-park’:

Step 1: Determine for which flight condition and
for which external configuration the drag
polars need to be determined.

The reader should recognize the fact that
airplane drag polars depend upon the follo-
wing factors:

A) Flight condition:

Mach Number, altitude, lift coefficient
(or angle of attack) and Reynold's number
which also depends on a characteristic
length.

B) External configuration:

The external airplane configuration may
be influenced by:

1) flap deflection (take-off, climb,
cruise, landing or maneuvering -
2) landing gear position: up or down
(gear well doors open or not?)
3) speed brake position: open or closed
4) external store disposition
5) loading door position: open or closed
6) weapons door position: open or closed
7) cooling flap position: open for take-
off, open for climb, or closed
8) propeller control position: feathered,
windmilling or normal
9) jet engine condition: windmilling or
normal
10) inlet configuration: blow-down doors.
ramps, spikes, bleed- and bypass doors
11) control surface deflection for trim
(trim drag), with AEO or OEI

Drag polars can differ significantly depending on

how these factors are selected for any given airplane in
any given flight condition.
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Step 2: Plot the CD versus a data from the calcula-

Step 3:

Part VI

tions performed with Chapter 4.

Plot the CL versus e data for the airplane
with the method of Chapter 10.

From steps 2 and 3 crossplot the CD versus

CL polar.

Figure 5.23 shows an example of how Steps 2,
3 and 4 are carried out.

A) From step 4, determine CD and compute:
o
f = CDOS (5.3)
B) Determine the wetted area of your air-
plane. The data for doing this are al-
ready available from the drag polar
calculations performed in Chapter 4.

'Verify' the computed wetted area break-
down with the data of Tables 5.2 or 5.3.
Also check the total wetted area against
the trend data of Figures 3.22 in Part I.
C) Plot the 'f' and Swet data on one of the

graphs in Figures 5.20-5.22, whichever is
applicable. Determine the Cf value for

the airplane and judge whether or not the
value of Cf is a reasonable one from an

'aerodynamics technology' viewpoint.

This is done by comparison to other air-

planes in the same figure.
Plot (CL)2 versus CD' and determine
dCD/d(CL)2 as indicated in Figure 5.23.
Compute: e = {nA(dCp/dcC,)> (5.4)
Compare this value of 'e’ with that for si-
milar airplanes in Table 5.1. If there is a

large difference, check the calculations or
explain why the airplane might be different!
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6. INSTALLED POWER AND THRUST PREDICTION METHODS

E X - Tt Tttt 2 - 1 & X 2 5 & 2 & 5

The purpose of this chapter is to present rapid me-
thods for the prediction of installed power and/or thrust
in airplanes. The assumption will be made that the fol-
lowing characteristics of the engine are known:

1.

For piston engines: manufacturers shaft horse-
power data for a range of altitudes and throttle

settings.

For gas generators: manufacturers shaft horse-
power and thrust data for a range of altitudes,
Mach numbers and throttle settings.

For jet engines: manufacturers thrust data for
a range of altitudes, Mach numbers and throttle
settings.

These engine manufacturers data (also called unin-

stalled

data) are based on ideal (teststand) conditions

and do pnot normally include the following effects:

A.

Effect of the inlet (air induction system) on
pressure recovery, on drag and therefore on en-
gine performance.

Note: A bellmouth inlet system, assuring very
high inlet pressure recovery, is frequently used
to determine engine manufacturers data. Fig.6.1
shows a typical teststand arrangement.

Effect of power extraction (needed to run essen-
tial airplane services) on engine performance.

Note: Power extraction to run essential engine
services ARE normally included in engine
manufacturers data.

Effect of the exhaust or nozzle configuration
on drag and on engine performance.

Note: The engine manufacturer uses a nozzle
configuration which is usually different from
that preferred by the airframer. See Figure 6.1,

The methods presented in this chapter are organized
as follows:

Part VI

Chapter 6 Page 139



6.1 Power extraction requirements

6.2 Inlet sizing and integration

6.3 Exhaust or nozzle sizing and integration

6.4 Prediction of installed power and thrust

For a detailed and concise methodology of inlet de-
sign and analysis the reader should consult Reference 32.

For considerations of design and analysis of inlet and
exhaust systems both, Reference 33 is recommended.

/
[
\ |/ﬁ Inlet Bellmouth
S \/
~
Engine
—_——— — - _ ‘/ _ _ ——
Inflow N Exhaust
/ * /_-—"' 1 -
AU
/ / \ r Thrust Stond ]
// Lo; [le—— Frexures —|
4 Cell I
] [-4———— Turntable
-4 /S / / / ™~
6.1
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6.1 POWER EXTRACTION REQUIREMENTS

To operate an airplane in any phase of its mission a
certain amount of electrical, mechanical and pneumatic
power may be required. These power requirements are nor-
mally satisfied by the engines. For that reason they are
referred to as power extraction requirements. In some
cases power sources other than the propulsion system (for
example an APU) are used.

The magnitude of power extraction requirements dif-
fers from one airplane to another and from one mission
phase to another.

In this section a rapid method for estimating power
extraction requirements is presented for:

6.1.1 Piston-propeller driven airplanes
6.1.2 Turbopropeller and jet driven airplanes
6.1,1 Pj =

In this type of airplane the following power extrac-
tion requirements may be present:

Pextr = Pel * Pmech (6.1)

the electrical power extraction in shp

where: Pel

Pmech = the mechanical power extraction in shp

Electrical power extractjon requirements., P_; follow

from the essential electrical services which are required
during any given mission phase. To determine electrical
power requirements, an 'electric power load profile’ must
be prepared. Using p.320 of Part IV as an example, the
reader should prepare an electric power load profile for
his airplane.

From this electric power load profile the electrical
power extraction requirement, Pel is determined as:

el = plp)/'qgen in shp (6.2)

where: VAplp = the maximum required electrical power in
Volt-amperes as obtained from the electric power
load profile.

P .00134 (VA
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"gen = 0.9 is the efficiency of the electric power
generator(s) which are assumed to be driven off
the engine accessory drive pad. Modern generators
can achieve efficiencies of 0.90 to 0.95,

Lacking a detailed electric power load profile, the
Pel values suggested in Table 6.1 may be used. The rea-
der should also consult Chapter 7 in Part IV for more in-
formation on electrical system power capabilities.

Mechanical power extraction requirements, P ech de-

pend on the systems which are required for the operation
of the airplane in a given mission phase. Examples of
such system may be:

fuel pumps, hydraulic pumps, cooling fans, heating/
airconditioning system, pressurization system, spray
system (in agricultural airplanes).

The reader should prepare a list of those systems
which require the generation of mechanical power. The
total mechanical power required can be written as:

Pmech B pr * Phydr +Pother (6.3)
where: pr = the mechanical power required to drive the
fuel pumps. This may be found from:
P = 0.00014(c_) (SHP)/ (6.4)
fp °p "fp

where: cp is the engine sfc in 1lbs/shp/hr

SHP is the engine shaft horsepower required
in the flight condition being analyzed

“fp = 0.65 is the fuel pump efficiency.

The assumption has been made here that the
fuel pumps are operating on a pressure dif-
ferential of 50 psi. Information on pumps
may be found in Ref.34. Data on fuel sys-
tems is provided in Chapter 5 of Part 1IV.

Note: power required to drive electric fuel
pumps should be included in Pel'

Phydr = the mechanical power required to drive
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the hydraulic pumps. The magnitude of Phydr de-

pends on the hydraulic flow and pressure diffe--
rential needs of the airplane hydraulic system.
Section 6.2 of Part IV contains a discussion on
the sizing of hydraulic systems. As indicated in
Part IV, a hydraulic system load analysis must be
performed to find the total hydraulic fluid flow
which is required. Having also selected the hy-
draulic system operating pressure (Part IV, Ch.6),
the hydraulic system shaft horsepower requirements
are found from:

P = O'OOOG(Aphydr)(Vhydr)/"hp (6.5)

hydr
where: Aphydr = the pressure differential (psi),

over which the hydraulic system operates.
This is roughly equal to the system opera-
ting pressure which ranges from 1,500 to
5000 psi. See Chapter 6 in Part IV.

vhydr

gallons/min (gpm). Page 308 in Part IV
provides some guidance for estimating hy-
draulic fluid flow rates.

= the hydraulic fluid flow rate in

“hp = the hydraulic pump(s) operating ef-
ficiency. This may be taken to be 0.75 in
modern systems.

Note: the power required for electrically

driven hydraulic pumps should be included

in P_..

el

POther = the sum of all 'other’ mechanical power
extraction requirements. Determination of these
‘other’ mechanical power extraction needs is left
to the reader. The best way to proceed is to make
a complete list of all 'other’ mechanical power
requirements for on-board systems. By using ap-
propriate efficiency values, the required value of
‘to be extracted’ engine shaft horsepower, Pother

can then be estimated. Ref.34 is a good source

for general mechanical system data. Part IV con-
tains discussions of various ‘other’' types of
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system which may be required in airplanes.

Lacking a detailed listing of mechanical power ex-
traction requirements, the values suggested for Pmech in
Table 6.1 may be used.

The effect of P as determined from Egn.6.1 on

extr
installed engine performance is discussed in Section 6.4.

Table 6.1 Summary of Power Extraction Requirements

Power Extraction Type: Electrical Mechanical Pneumatic Bleed
shp, Po1 shp, Plech slugs/sec

Airplane Type:

Single engine, light ai;planes 1-2 1-2 0

Single engine, military trainers 2-4 2-4 0

Twin engine, light airplanes 4-6 5-10 0

Multi-engine transports 20-40 30-50 0

Turboprop and Jet Airplanes:

Single engine, light airplanes 2-4 3-5 0.01;11a

Single engine, military trainers 5-7 6-10 0.015;11a

Twin engine turboprops 6-8 7-9 0.0ISﬁa

Twin engine turbojets or fans 8-10 9-11 0.025;na

Twin jet military trainers 10-15 15-20 0.031.11a

Jet Fighters, air-superiority 50-100 50-100 0.031.na

Jet Fighters, attack 100-200 100-200 0.04;na

Jet Transports, civil 0.00070wTo 0.00060WT0 0.03;na

Jet Transports, military 0.00100W,, 0.00080wTo 0.041'11a
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6.1.2 Turbopropeller and Jet Driven Ajrplanes

For this class of airplanes the power extraction
requirements may be determined from:

Pextr =~ Pel (6.6)

where: Pel = the electrical power extraction in shp

* Pmech * Ppneum

Pmech = the mechanical power extraction in shp

= the pneumatic (also called bleed air)
power extraction in shp

Electrical power extraction requirements, P , may

be determined with the method of Sub-section 6.1.1, via
preparation of an electric power load profile as shown on
p.320 of Part IV. Lacking such detailed information the
Pel values suggested in Table 6.1 may be used.

Ppneum

Some airplanes may require extensive radar and elec-
tronic warfare equipment. Examples are the Boeing E-3A,
the Boeing E-6, the Grumman E-2C and the Lockheed P3V.

In those cases large electrical power requirements may
exist: 600 kVA in the case of the Boeing E-6!

Normally, these power requirements are satisfied by
the installation of directly driven generators on the
propulsion installation. If these power requirements
cannot be satisfied by power extraction from the regular
propulsion system separate power sources may have to be
installed.

Mechanical power extraction reguirements, Pmech

may be determined with the method of Sub-section 6.1.1,
via a listing of all required mechanical services. Lack-
ing a detailed power extraction calculation, the values
suggested in Table 6.1 may be used.

. . .
Pneumatic power extraction requirements, Ppneum

are determined by those systems which are driven by bleed
air form the main engines. Typical of such services are:

de-icing and anti-icing systems, heating and aircon-
ditioning systems, engine starting systems (for ground
start and for air restart), pressurization of fuel tanks,
for flap deployment (For example, the B-747 leading edge
devices) and for water system pressurization.
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A list of airplane services which require bleed air
as the source of power must be prepared. Next, the re-

quired bleed airflows, Mieed (in slugs/sec) must be es-

timated for each flight situation. From this the total
engine bleed airflow can be computed. As a general rule,
engine bleed airflow should not exceed 5 percent of the
total engine massflow requirement in any given flight

condition, m_, or major degradation of thrust will
occur: a

.

Mleed

Lacking a detailed evaluation of bleedair require-
ments, the data of Table 6.1 may be used.

< 0.05ma in slugs/sec (6.7)

As long as Egn.(6.7) is satisfied, a first order es-

timate for Ppneum is:
Ppneum = (mbleed/ma)Preqd for turboprops (6.38)
and:
Ppneum = (mbleed/ma)(Trequllsso) for jets (6.9)
where: Preqd = power required in some flight condition
Treqd = thrust required in some flight condition.
Methods for estimating the power required, Preqd or

the thrust required, T are discussed in Part VII.

reqd

The effect of P as determined from Egn.(6.6) on

extr
installed power or thrust is discussed in Section 6.4,
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6.2 INLET SIZING AND INTEGRATION

In preliminary design the process of inlet sizing
consists of the determination of the inlet area and the
shaping of the duct leading from the inlet area to the
engine compressor face.

The inlet must be sized in such a way that it is
'matched’ to the airflow requirements of the engine.
Figure 6.2 shows a generalized inlet flow situation.
Note the following important areas:

A_: streamtube cross section at infinity, also
called the inlet capture area

A : streamtube cross section at the inlet, also
called inlet area or cowl capture area

Af: streamtube cross section at the engine station,
also called internal area (note that this cross
section is determined by the maximum cross sec-
tion of the engine plus tolerances for cooling
and for installation)

Ae: streamtube cross section at the exit or exhaust,
also called the nozzle area

Inlet operation is often characterized by the inlet
flow ratio, A_/A,.

i ti i the inlet flow ratio
is infinite. 1Inlet lip flow separation is a major pro-
blem in such a case. Figure 6.3a shows such a situation.
Frequently an auxiliary inlet is required to allow enough
air into the inlet. This is done with a variable inlet
geometry feature. Figure 6.3a shows several options.

e i i iti the inlet is normal-
ly matched so that the flow ratio is in the range of 0.5
to 0.8. The inlet operates at its peak performance (high
pressure recovery). Figure 6.3b shows this situation.

In some inlets, external surface area is present at
points ahead of the inlet: see Figure 6.3c. If external
surface area exists ahead of the inlet, the flow ratio is
selected to be closer to 1.0 to prevent inlet separation.
If no wetted surface area exists ahead of the inlet, the
flow ratio is in the 0.5 - 0.8 range.

In a climb, the inlet delivers more air than the en-
gine requires, excess air will be spilled, resulting in
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extra drag. The flow ratio is in excess of 1.0. Such a
situation is shown in Figure 6.3d. 1If spillage drag be-
comes too high, bleedair doors may be required: Fig.6.3d
shows one such option.

such as occur in a high speed
dive, the flow ratio is much smaller than 1.0. Such low
flow ratios, particularly in the presence of large wetted
areas in front of the inlet can lead to inlet flow sepa-
ration resulting in compressor surge. Figure 6.3e shows
such a situation.

If an inlet is undersized (such that it does not de-
liver enough air to the engine), unsatisfactory engine
operation may result, causing deficiencies in thrust and/
or power. '

The objective of an inlet is to deliver air to the
engine such that:

1. The correct amount of airflow is delivered to
the engine

2. Pressure losses are minimized: pressure losses
reduce thrust

3. Inlet flow distortion is minimized (i.e. as much
as possible uniform flow is realized)

4., Inlet flow swirl is minimized or matched to the
compressor requirements

Fundamentally, two types of inlets exist:

1. Straight through inlets: see Figure 6.4a
This inlet type is used for engines with axial
flow compressors, one-sided centrifugal flow
compressors and supercharged piston engines.

2. Plenum chamber inlets: see Figure 6.4b
This inlet type is used for engines with two-
sided centrifugal flow compressors and with
normally aspirated piston engines.

The detailed design of inlets is a strong function
of how the engine (s) is (are) being integrated into the
airframe.

The following subjects will be discussed:
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6.2.1 General inlet arrangements: presents a discus-
sion of different types of inlet arrangement

6.2.2 Inlet sizing: presents a rapid method for es-
timating the required inlet area, Ac

6.2.3 Inlet pressure loss estimation: presents a
rapid method for estimating inlet pressure

loss

es

6.2.4 Inlet drag estimation: presents a rapid method
for estimating inlet drag

Selection of the correct type of inlet and the
associated inlet geometry has important consequences to
the realism of any proposed airplane design. For that
reason, inlet design should receive considerable
attention in the early design phases of an airplane.

Plenum
chamber

<

B

—

¢
. \
Double Sided Engine Intakes
ENGINE AIR INLET SCREEN—™\
]
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6.2.1 General Inlet Arrangements

The purpose of this sub-section is to present a num-
ber of example inlet arrangements as well as comments re-
garding their applications.

The information is organized as follows:

1 Piston engine inlets

2 Turbopropeller inlets

3 Jet engine inlets: subsonic

4 Jet engine inlets: supersonic

Figures 6.5a and 6.5b show several examples of pis-
ton engine inlet arrangements.

Figures 6.5a show that inlets for normally aspirated
piston engines are of the plenum type. Most plenum in-
stallations do not completely seal off all air: cooling
air must be routed to those engine components which need
cooling for proper operation. After taking care of the
cooling function the air is dumped overboard, preferably
such that drag is not increased.

Engines with turbochargers tend to have straight
through type inlets as shown in Figures 6. 5b.

6.2.1.2 Turbopropeller inlets

Figure 6.6 shows several examples of turbopropeller
engine (gas generator) inlets. Those shown are all of
the straight through type. An example of a plenum type
inlet for a turbopropeller installation was shown in
Figure 6. 4b.

The pressure recovery of the so-called concentric
inlet (Figure 6.6d) can be strongly influenced by the de-
sign of the propeller airfoils which are in front of the
inlet. Icing of such inlets is a major problem and re-
quires detailed attention in the development of inlet
anti- and de-icing systems. See Part IV, Chapter 10 for
a general discussion of the icing problem.

6.2.1.3 Jet engine inlets: subsonic

Figures 6.7 show several example inlets for subsonic
jet engine installations. Note the following types:
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Figure 6.7a: plenum inlet

Figure 6.7b: bifurcated, straight through inlet
Figure 6.7c: podded nacelle inlet

Figure 6.7d: pitot inlet

Figure 6.7e: NACA submerged inlet

Plenum inlets (Figure 6.7a) are used mainly in com-
bination with double-sided centrifugal flow compressors.

Bifurcated inlets (Figure 6.7b) are used primarily
in single engine installations with side inlets. Flow
characteristics of bifurcated inlets are complicated, es-
pecially at high sideslip angles: inlet buzz and reversed
flow on one side are phenomena which need to be 'designed
out’ of such inlets. Ref.32 contains more information.

Podded nacelle type inlets (Figure 6.7c) have become
popular because of easy engine access. When using wing
mounted engine pods there is an additional wing weight
advantage due to inertial relief.

Pitot type inlets (Figure 6.7d) have been applied
to many fighter airplanes. They are not influenced by
the flowfield of other airplane components. However,
they require very long ducts which causes extra weight
and loss in pressure recovery.

The NACA submerged type inlet shown in Figure 6.7e
is not very efficient for use with propulsion installati-
ons. However, when used for inlets of auxiliary systems
(APU, heating and avionics bay cooling) they are quite
acceptable and frequently used.

Important Note: Except for pitot and podded nacelle
type inlets, all jet engine inlets must be equipped with
so-called boundary layer diverters (or b.l. splitters).
Figure 6.8 shows two b.l. diverter installations in some
detail. If such boundary layer diverters are not used,
large pressure recovery losses (thus losses in thrust)
will be incurred.

A major consideration in jet fighter inlet design is
the behavior of the inlet at very high angles of attack
and sideslip. Compressor stall and engine surging are
easily induced in such conditions. Ref.32 should be con-
sulted for data on high angle of attack operation.

In subsonic installations it is usually best to keep
the inlet as short as possible: long ducts translate into
weight and pressure recovery losses. In jet fighters and
in jet trainers long ducts cannot always be avoided.
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6.2,1,4 Jet enagine inlets: supersonic

Figures 6.9 show various types of supersonic inlets.
Note the boundary layer splitters!

Figure 6.10 shows three fundamentally different
types of supersonic inlet:

Fig.6.10a Pitot inlet

Fig.6.10b External compression inlet

Fig.6.10c Mixed (or external/internal)
compression inlet

Pressure recovery in supersonic inlets is a strong
function of the number and types of shock employed. The
theoretical pressure recovery attainable with oblique and
with conical shocks are shown in Figure 6.11.

Proper inlet design is extremely critical to super-
sonic installations as illustrated in Figure 6.12. Note
that the inlet is responsible for 75 percent of the total
installed thrust! A long inlet duct in supersonic engine
installations is often needed to assure smooth flow dece-
leration (to around M=0.4 at the compressor face) and to
assure full use of the favorable pressure distribution in
the inlet duct. Figure 6.13 shows the effect of Mach
number on thrust distribution. Note that at subsonic
speeds, the engine itself (including a convergent nozzle)
produces virtually all the thrust. Note also, that at
supersonic Mach numbers the engine contribution itself
can become negative!

Supersonic inlets frequently require a considerable
amount of variable geometry devices. Examples are shown
in Figures 6.13., For more information on the operation
of such inlets, see References 12 and 32.
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6.2.2 Inlet Sizing

The purpose of this sub-section is to present 1n1et
sizing methods for:

.1 Piston engine installations

.2 Turbopropeller installations

.3 Jet engine installations: subsonic
.4 Jet engine installations: supersonic

For each of these inlet installations, the general
flow picture of Figure 6.2 will be used to identify the
required inlet area, Ac'

6.,2.2.1 Pist i inst

Figure 6.5 shows typical inlet configurations for
piston engine installations. To determine the required
inlet area, AC it is first required that the engine air

flow requirements be determined.
Inlet air for piston engines is required for:
1. Combustion 2. Cooling

The mass flow rate required for a piston engine may
be estimated as follows:

m_=m

a comb ¥ Mcool (in slugs/sec) (6.10)

where: Romb - the mass flow rate required for combus-

tion. It may be estimated from:

Meomb — (0.000062)(SHP)reqd (6.11)

where: (SHP) /n (6.12)

reqd B Preqd P

where: P is the horsepower required for

reqd

the flight condition being analyzed.
Part VII contains methods for deter-
mining P for a variety of flight

reqd
conditions.
"p is the propeller efficiency.

Section 6.4 and Ref.15 show how to obtain data for
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propeller efficiency. In preliminary design, first ap-
proximations are:

n. = 0,85 for cruise
0.80 for climb
0.70 for take-off

In Equation (6.11) it is assumed that:

1. that the engine efficiency in converting che-
mical energy in the fuel to shafthorsepower
(SHP) is 30 percent.

2. that the fuel/air ratio used is the stochiome-
trically required value.

m = the mass flow rate required for cooling.

cool
Its magnitude depends on the type of engine:

For aircooled airplane engines the mass flow rate
required for engine cooling may be estimated from:

= 0.00056(SHP)re in slugs/sec (6.13)

mcool
where: (SHP)

qd

reqd follows from Egn. (6.12).

In preliminary design, SHPTO may be used

for (SHP)reqd.

Detailed methods for estimating m for

cool
aircooled engines are given in References
35 and 36.

For liquid cooled airplane engines the required

mass flow rate for the radiator depends strongly
on the type of liquid cooling used. Chapter 9 in
Reference 8 and Reference 37 should be consulted.

For preliminary design purposes it is suggested to
use Egn.(6.10) for liquid cooled engines also.

Considerable experience with liquid cooled engine
installations was obtained in WWII. In many cases
it proved possible to design the radiator system
in such a way that negligible losses were incur-
red. However, this was achieved at a considerable
increase in weight and complexity.
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Knowing the total air mass flow rate, the size of
the required inlet area may be estimated from: :

Ac = ma/pU1 (6.14)

where: m, follows from Egn. (6.10),

p is the air density in slugs/ft3 and

U, is the steady state airspeed in fps.

1
Note: Egn. (6.14) is valid for incompressible flow!

The reader must determine which conditions for air
density, p and airspeed, U, yield the largest

value for inlet area, Ac. Since zero airspeed

represents an anomalie, lift-off speed or climbout
speeds are normally used. Extra inlet doors (or
cowl flaps) may be required for prolonged static
and taxi operations.

To minimize the drag caused by momentum loss in the
cooling air, careful design of the ducting leading from
the inlet to the overboard dumping point is required.
References 8 and 38 should be consulted for more details.
Reference 39 contains example calculations for inlet area
sizing for piston engines.

6.2.2.2 Turbopropeller installations

Figure 6.6 shows typical inlet configurations for
turbopropeller engines.

To determine the required inlet area, Ac it is first
necessary to determine the engine air flow requirements.

Inlet air for turbopropeller engines (also called:
gas generators) is required for:

1. combustion and mass flow 2, cooling

The mass flow rate for turbopropeller engines may be
estimated from:

My = mgas * Mool (6.15)
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where: mgas = the air flow rate required by the engine
for combustion and for mass flow. In a gas gene-
rator the mass flow rate is much larger than the
air flow required for combustion. Manufacturers
engine data normally include the maximum mass flow
rate. Reference 31 also lists required mass flow
rates for gas generators. Tables 6.6 and 6.7 in
Part III list take-off mass flow rates in lbs/sec
for a range of turbopropeller engines.

In preliminary design, a good approximation is:

mgas = (0.00028)(SHP)reqd (in slugs/sec) (6.16)
where: (SHP)reqd is given by Egn. (6.12).
m = the mass flow rate needed for cooling.

cool
For gasgenerators this may be taken as 5 percent

of mgas for most turboprop installations:

Moool = 0.05mgas (6.17)

The required inlet area may be estimated from:

AC = ma/pU1 (6.18)

where: m, is found from Egn. (6.15).
Note: Egn. (6.18) is valid for incompressible flow!

The reader must determine which conditions for air
density, p and airspeed, U, yield the largest value for
inlet area Ac.

Since zero airspeed represents an anomalie, lift-off
speed or climbout speeds are normally used. Extra inlet
doors (variable inlet geometry) may be needed for prolon-
ged static and taxi operations.

6.2.2.3 Jet engine installations: subsonic

Figure 6.7 shows examples of subsonic jet engine
inlets.

To determine the required inlet area, AC it is first
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necessary to determine the engine airflow requirements.
Inlet air for jet engines is required for:
1. combustion and mass flow 2, cooling

The mass flow rate required for a subsonic jet
engine installation may be found from:

My = Mgas ¥ Mcool (6.19)

where: mgas = the air flow rate required for the engine.
In jet engines the flow rate required for combus-
tion is much less than that needed for mass flow.
Manufacturers engine data normally include the ma-

ximum mass flow mgas required by the engine.
Reference 31 also lists those flow rates. Tables
6.8 - 6.11 in Part III list take-off mass flows
for a range of jet engines. 1In preliminary design
the following approximation may be used:

mgas = kgasTTO (6.20)

where: kgas = 0.0003 for BPR values of 0 to 1.0
= 0.0007 for BPR values of 1.0 to 2.0
= 0.0009 for BPR values of 2.0 to 4.0
= 0.0011 for BPR values of 4.0 to 6.0
Mool = the air flow rate needed for cooling.

In preliminary design it may be assumed that:
mcool = 0.06mgas (6.21)

The required inlet area, A, may be estimated from:

Ac = ma/pU1 (6.22)

where: m, is found from Egn. (6.19)
p and U, are determined by the flight condition.

Note: Egqn. (6.22) is valid for compressible flow.
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The inlet size for most subsonic airplanes is dictated by
low speed requirements. For that reason, Egn.(6.22) is
applicable to preliminary inlet sizing for subsonic jets.

6.2.2.4 Jet engine installations: supersonic

Figures 6.9 and 6.10 show examples of supersonic jet
engine inlet installations.

Inlet air for jet engines in supersonic installati-
ons is required for:

1. combustion and mass flow 2. cooling
3. inlet boundary layer bleed

The mass flow rate required for a jet engine in a
supersonic installation may be estimated from:

Ma = Mgas * Mcool ¥ M™i1b

where: mgas = the air flow rate required for the engine.
In jet engines the air flow rate required for com-
bustion is much less than that for mass flow.
Manufacturers engine data normally include the

(6.23)

maximum mass flow, mgaS required by the engine.
Reference 31 also lists those flow rates. Tables
6.8%- 6.11"1ist mass flow rate values for a range
of engines. Since most supersonic inlets must al-
so operate at subsonic speeds, the take-off mass
flow rates normally size the inlet area. For this

reason, Egn.(6.20) may be used for computing m .

gas
Meool = the air flow rate needed for cooling.
In preliminary design it is acceptable to use:
m = 0.08m (6.24)

cool gas
Myyp = the air flow rate needed for boundary

layer bleed in the inlet. Because of the fact
that supersonic installations require fairly long
inlets, the resulting build-up of boundary layer
air must be bled away before it reaches the com-
pressor. Figure 6.14 shows such a boundary layer
bleed system. The need for boundary layer bleed

Xsee Part IL
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translates into a need for extra inlet capture
area as shown in Egn. (6.25).

The inlet area, Ac for a supersonic inlet is as de-
fined in Figure 6.15. The required inlet area, Ac for a
supersonic jet engine installation may be estimated from:

Ac = (1.08m, /pUl){l + kbl(Ml - 0.8)} (6.25)

where: my follows from Egn. (6.19)
p and U, are determined by the flight condition

which in the case of a supersonic installation is taken
to be the design supersonic cruise condition or the take-
off condition. If the latter results in a larger inlet
area than the former, the possibility of using extra in-
let doors for subsonic operation must be weighed against
'oversizing' the inlet for supersonic conditions.

M, = U1/a (6.26)
where: a is the speed of sound in the design
cruise flight condition
kbl is a constant which depends on the type
of inlet used:

kbl = 0 for pitot inlets and for M; < 0.8

k

bl 0.028 for external compression inlets

0.041 for mixed external/internal com-
pression inlets

Kp1

The inlet throat area, Athroat in Figure 6.15 must
be carefully sized to assure that it can handle the re-

quired engine mass flow rate. References 12 and 32 con-
tain methods for determining the throat size.
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6.2.3 Inlet Pressure Loss Estimation

The generalized flow situation shown in Figure 6.2
is repeated in Figure 6.16 with the addition of speed, U,
Mach number, M and static pressure, p at each station.

The total pressure at each station is defined as:

2 —
Piog = P + 0.5pU" =p + q (6.27)

where: p is the local static pressure,
p is the local air density and
U is the local air velocity.

The inlet pressure loss is defined as:

*Pin1 = Prot, ~ Ptot, (6.28)
Inlet pressure loss is frequently compared to free
stream dynamic pressure or to free stream total pressure,
in which cases it is referred to as the inlet efficiency
or inlet pressure recovery, n

inl’
Minl/inc ~ (ptotf - P,)/q, (6.29)
which can be written as:
"inl/inc -~ Y T APjipn1/9. (6.30)
Tinl/com ~ ptotf/ptot°° (6.31)
which can be written as:
=1- (6.32)

"inl/com Apinl/ptot°°
The purpose of this sub-section is to present rapid

methods for the calculation of inlet pressure losses in
terms of either APiny ©OF Myn1e

Inlet pressure losses in turn have a detrimental effect
on installed engine power or thrust. Methods for deter-
mining the effect of inlet pressure losses on installed
power or thrust are presented in Section 6.4.
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The information is organized as follows:

6.2.3.1 Piston engine inlets

6.2.3.2 Turbopropeller inlets

6.2.3.3 Jet engine inlets: subsonic

6.2.3.4 Jet engine inlets: supersonic
6.2.3.1 Pist

Fo u

Figure 6.5a shows plenum inlets for piston engines.

In well designed piston engine plenum installations,
the inlet losses may be held to less than 2 percent. For
preliminary design purposes it is acceptable to use:

"inl/inc = 0.98 (6.33)

F ! i !
Figure 6.5b shows ’'straight through’ inlets for pis-

ton engine applications. The method of 6.2.3.3 for sub-
sonic jet inlets may be used to estimate pressure losses.

6.2.3.2 Turbopropeller inlets
For plenum jinlets:

For turbopropellers with plenum inlet installations
(See Figure 6.6), the pressure losses may be estimated
with the plenum inlet method of 6.2.3.3.

’ i t ’

As shown in Figure 6.6, many turbopropeller instal-
lations utilize ’'straight through' inlets. For such
inlets the pressure recovery may be estimated from:

n = f(pin ) (6.34)

1
where: f(uinl) is established in Figure 6.17 for inlets

inl/inc

with unducted spinners as well as ducted spinners.

n = A/, (6.35)

inl

Note that by is the inverse of the inlet flow

nl
ratio as defined on page 147.
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6.2.3.3 Jet engine inlets: subsonic
For plenum jinlets:

Figure 6.7a shows a plenum inlet for a subsonic jet.
Pressure losses may be estimated from:

- 2 2, _ 2
Apinl/qm = {1/(uinl )}(Ac/Ad) 1 Ad/Af) (6.36)
where: Ac’ Ad and Af for a plenum installation are as

defined in Figure 6.18., Ref. 32 should be consul-
ted for more details on jet engine plenum inlets.

E trai

Figures 6.7b-d show subsonic, ’'straight through’ jet
inlet examples. The pressure loss in such inlets is a
strong function of the absence or presence of boundary
layer diverters. Figure 6.8 shows examples of boundary
layer diverters.

Without a boundary layer diverter, the pressure loss
of a subsonic jet engine inlet may be estimated from:

- _ 2
APiot/9e = ICpg/ (hypy)" + HCpoming

where: I is the so-called duct integral. defined as:

(6.37)

I =

e

fa /a)%(per,/nrd1 (6.38)
C A

c

where: A is the duct area at station 1,

per, is the duct perimeter at station 1

A

1l 1is the duct station at the inlet

area, AC: see Figure 6.19

1. is the duct station at the engine
compressor face: see Figure 6.19.

CFd = fo (6.39)

where: the factor f is given in Figure 6.20
Ce is the equivalent flat plate friction
coefficient based on the duct Reynold's

Number with the characteristic length
taken as (lf - lc). Figure 4.3 may
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be used to find Cf.

r is defined in Eqgn. (6.35)

inl
H is the corrected position ratio, defined as:

H = (0.88wet appr)/Ac (6.40)

where: Swet appr is the wetted area of the inlet
'approach’ as indicated by the cross-hat-
ched area in Figure 6.21. Observe that for
podded nacelle inlets and for pitot inlets:
swet appr = 0!

CFa is the overall approach friction coefficient.
It may be set equal to the flat plate friction
coefficient corresponding to a Reynolds Number
based on 1 as the characteristic length.

appr
Figure 6.21 shows how 1appr is defined. Note
that lappr = 0 for podded nacelle inlets and

for pitot inlets!

With a boundary layer diverter, the pressure loss of
a subsonic jet engine inlet may be estimated from
Egn. (6.37) by setting H = 0.

The reader should consult Reference 32 for further
details.

6.2.3.4 Jet endine inlets: supersonic

Figures 6.9, 6.10 and 6.14 give examples of super-
sonic inlet configurations. Note that all are of the so-
called 'straight through’ type. The pressure recovery of
a supersonic inlet system is defined as:

"inl/com = Mshock’ ("aiff’ (6.41)

where: Mshock is the pressure recovery through the inlet
shock system. It is found from Fig.6.11
depending on the type of inlet.

N3iff is the pressure recovery through the sub-

sonic diffuser which follows the system of
shocks in the inlet. It may be found from:
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DIFFUSER LOSS COEFFICIENT, ED

2.-3.5

ndiff =1 - 33{1 - (1 + O.ZMT ) } (6.42)

where: e_is the diffuser loss coefficient found
from Figure 6.22, It depends on the sub-
sonic diffuser geometry!

My is the diffuser entry Mach number. This
Mach number is equal to the Mach number
of the flow through the last shock in
the inlet shock system. It can range
from 0.4 to 0.9 in practical applicati-
ons. Usually a number of 0.6 to 0.7 is
found in such inlets. 1In preliminary
design it is suggested to ‘pick’ a sui-
table number in this range.
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6.2.4 Inlet Extra Drag Estimation

The purpose of this sub-section is to present rapid
methods for estimation of the so-called inlet extra drag,
Cp ,» which was considered a part of CD in Sub-

inlextra misc
section 4.12.3, The inlet extra drag considered here is
that contribution of inlet drag not accounted for in Ch.4
as a result of wetted areas or as a result of cross sec-
tional area distribution.

Inlet pressure recovery and any associated loss in
inlet pressure have been discussed in Sub-section 6.2.3.
The effect of these losses on installed power and thrust
is discussed in Section 6.4.

The extra inlet drag discussion is organized as in
the following manner:

6.2.4.1 Piston engine inlets

6.2.4.2 Turbopropeller inlets

6.2.4.3 Jet engine inlets: subsonic

6.2.4.4 Jet engine inlets: supersonic
6.2.4.1 Pisto i i X

In well designed piston engine installations, the
inlet extra drag should be negligible. 1If the inlet is
undersized, spillage drag may result. Estimation of in-
let spillage drag is discussed in 6.2.4.3,

6.2.4.2 b (o) i xt

In properly designed turbopropeller inlets the inlet
extra drag should be negligible. 1If the inlet is under-
sized, spillage drag may result. Estimation of inlet
spillage drag is discussed in 6.2.4.3.

6.2.4.3 i i t : b

For properly designed subsonic jet inlets the inlet
extra drag should be negligible. However, if the inlet
is undersized for some flight condition, spillage drag
may result. The inlet extra drag due to spillage may be

estimated from:
C = C ]1'667(A‘)(6.43)
g/

[1 + 0.33{(d_ - d)/1__}F.
Dinlextra m ¢ me

£ inl

with:
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Fing = 1 *+1.750wy 0 - D /Gy WA /A) - 131) (6.44)

where: Cf is the equivalent flat plate friction coeffi-
cient at a Reynold's Number based on a charac-
teristic length equal to 1mc: see Figure 6.23.

is the maximum cowl diameter for the inlet

Q,

is the cowl diameter at the inlet area position

> Qi

- is the cowl cross section area at dm

is the cowl cross section area at dC

> |

(o}

Hiny 18 defined in Egn. (6.35).

Equation (6.43) applies up to the critical Mach num-
ber. To reduce inlet drag above Mcrit' it is necessary
to shape the inlet lips so that they in fact have proper-
ties similar to high speed airfoils. Reference 32 con-
tains discussions on inlet lip design at high subsonic
Mach numbers.

6.2.4.4 i i : oni

In the supersonic case there are three sources for
extra inlet drag:

Spillage drag (called additive drag)
Bypass drag

Boundary layer diverter drag
Boundary layer bleed drag

e o e o

W

Figure 6.24 shows where these drag types are caused
in a supersonic inlet. All three drag types depend on
the state of the shock systems in the inlet. Detailed
presentations of methods for estimating these drag con-
tributions are beyond the scope of this text. Ref.12
contains methods for estimating these drag increments.
Since Ref.12 uses Ac as the inlet drag reference area,

all results must be multiplied by Ac/S.
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6.3 EX T Z D N

In preliminary design the process of exhaust or noz-
zle sizing and integration consists of:

1. the determination of exhaust and/or nozzle areas

2. the integration of the exhausts and/or nozzles
into the airplane

Figure 6.2 defines the nozzle exit area, Ae. Note
from Fig.6.77 in Part III that in turbofan engines the
nozzle area consists of two concentric areas, located at
different longitudinal stations.

Integration of exhausts and/or nozzles into the air-
plane configuration must be done with care! Without such
care, major increases in drag can be the result.

The information in this section is presented as:

6.3.1 General exhaust/nozzle arrangements

6.3.2 Exhaust/nozzle sizing

6.3.3 Estimation of exhaust/nozzle extra drag

The reader should also refer to Part III, Chapter 6
for examples of engine exhaust/nozzle installations.

6.3.1 ne Exhau ement

The purpose of this sub-section is to present exam-
ples of exhaust/nozzle configurations which are being
used in a number of airplanes.

The information is organized as follows:

6.3.1.1 Piston engine exhausts

6.3.1.2 Turbopropeller exhausts
6.3.1.3 Jet engine nozzles: subsonic
6.3.1.4 Jet engine nozzles: supersonic

Figure 6.5 shows several examples of piston engine
exhaust configurations. In many older installations the
engine exhaust is 'dumped’ overboard in the manner shown
in the 'upper'’ Figure 6.5a: this is very inefficient and
causes extra drag. A lower drag installation is the one
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shown in the 'lower’ Figure 6.5a. Figure 6.25 shows the
difference between a 'low drag’ and 'high drag’ case.

The reader must keep in mind that lowering drag is
not always good. If the lower drag is obtained at the
cost of increased weight and complexity, a ‘'design trade
study must provide the information on basis of which the
decision is made to proceed one way or the other.

The installations of Figures 6.5b represent modern
concepts which take maximum advantage of the momentum ex-
change between inlet, combustion process, cooling requi-
rements and exhaust.

6.3.1.2 Turbopropeller nozzles

Figure 6.6 shows several examples of turbopropeller
engine (gas generator) exhaust installations. Note the
trend toward exhausting 'parallel’ to the local stream.

In many contemporary installations the exhaust pipes
are arranged as shown in Figure 6.26. This creates much
extra drag. The 'design trade study’ comments made under
6.3.1.1 also apply here!

6.3.1.3 ine S: b

Figure 6.7 shows several example of nozzle instal-
lations for subsonic jet engines. Note that all nozzles
are of the convergent type. In subsonic flow, convergent
nozzles are the only efficient nozzle configuration.

6.3.1.4 Jet engine nozzles: supersonic

Figure 6.27 shows a typical supersonic exhaust con-
figuration. Depending on the flight Mach number of the
airplane the nozzle should have a different geometry.
Figure 6.28 illustrates the effect of flight condition on
desired nozzle configuration. Note the convergent/diver-
gent shape of nozzles at supersonic speeds.

The integration of nozzles into the after body of a
supersonic airplane is particularly critical to drag.
Figure 6.29 shows a number of nozzle/airframe integration
concepts with commentary about the effect on drag. Here
also, the consequence of weight, cost and complexity must
be weighed against aerodynamic efficiency.

6.3.2 Exhaust/No e

The purpose of this sub-section is to present rapid
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methods for the 'sizing’ of exhausts and/or nozzle exit
areas. Figure 6.30 shows the definition of important
nozzle exit and throat areas.

The material in this sub-section is presented as:

6.3.2.1 Piston engine exhausts

6.3.2.2 Turbopropeller nozzles

6.3.2.3 Jet engine nozzles: subsonic

6.3.2.4 Jet engine nozzles: supersonic
6.3.2.1 pPist

The exit size of piston engine exhausts is normally
defined by the engine manufacturer. The exit area of the
exhaust(s) are dependent on the cross sectional areas of
the engine exhaust valve ports. Reference 37 contains
detailed descriptions of this aspect of engine design.

The airframer may wish to use the exhaust manifold
for purposes of heat extraction (by routing cabin air
through a heat exchanger which is wrapped around the ex-
haust manifold). The airframer may also add noise sup-
pressors and/or ejectors to the exhaust stack(s).

Refs 38 and 40 as well as Section 6.9 in Part III
should be consulted for more details on piston engine
exhaust configurations.

As a first approximation to the sizing of the total
exit area, it is suggested to use an exhaust stack dia-
meter given by:

d = (0.0038)SHPT in inches (6.45)

exhst 0]

If this diameter becomes too large, it is best to
split the éxhaust manifold into two or more small stacks.

6.3.2.2 Turbopropeller nozzles

Because turbopropellers are used only in subsonic
flight conditions, the nozzles are always of the conver-
gent type as seen in Figure 6.28.

As a first approximation to the sizing of the nozzle
exit area, it is suggested to use:

d (0.016)SHPTO in inches (6.46)

exhnoz

In many turboprop engines the nozzle area is divided
over two exhausts. Engine manufacturers specify the ex-
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haust area on the basis of their performance guarantees.
6.3.2.3 i :

In subsonic applications the exhaust nozzle is near-
ly always of the convergent type as shown in Figure 6.28.

The exhaust nozzle size and its configuration depend
strongly on the following factors:

1. maximum take-off thrust 2. by-pass ratio
3. need for afterburning 4., design Mach number

The reader should use engine manufacturers data for
exhaust nozzle areas. References 12, 33 and 41 provide
more details on the subject of nozzle design.

6.3.2.4 Jet engine nozzles: supersonic

The exhaust nozzle size and its configuration depend
strongly on the following factors:

1. maximum take-off thrust 2. by-pass ratio
3. need for afterburning 4, design Mach number

The usual nozzle configuration employs variable geo-
metry: convergent for subsonic flight and convergent/di-
vergent for supersonic flight: see Fig.6.28.

Engine manufacturers data should be used to find the
size of the subsonic nozzle exit area. Figure 6.28 can
be used to estimate the required exit area of the diver-
gent part of the nozzle in its supersonic position.

Sizing of the length of the convergent part of the
nozzle is not critical as long as it is not too short: a
length of twice the entry diameter should be sufficient.

Sizing of the length of the diverging part of the
nozzle is critical if separation is to be prevented. 1In
preliminary design, a length of at least three times the
nozzle throat diameter should be adequate.

References 12, 33 and 41 provide more details on the
subject of nozzle design.
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6.3.3 imatj X D

In this sub-section rapid methods for estimating the
extra drag caused by exhaust and/or nozzle installations.
The material is organized as follows:

1 Piston engines

2 Turbopropeller engines
3 Jet engines: subsonic

4 Jet engines: supersonic

Figure 6.31 illustrates the drag increments associa-
ted with two piston engine exhaust configurations. 1In
preliminary design it is suggested to use drag increments
on the basis of similarity of the proposed installation
with those of Figure 6.31.

6.3.3.2 Turbopropeller engines

If the exhaust configuration of a turbopropeller is
similar to the one shown in Figure 6.26, the drag incre-
ments of 6.3.3.1 may be used as a guide.

If the exhaust configuration is similar to those of
Figure 6.6, the additional drag penalty caused by the ex-
haust may be negligible.

6.3.3.3 Jet engines: subsonic

For engines mounted in nacelle pods, no additional
drag increment is incurred: the nacelle drag is accounted
for separately.

For engines mounted in a fuselage and exhausting in
the rear, extra drag may be incurred. Figure 6.32 shows
several nozzle concepts used for subsonic applications.
Each concept has a drag penalty associated with it. The
drag penalty may be found with the help of Table 6.2.

The airplane drag increment due to the nozzle may be
found from:

AC = (AC /S (6.47)

D
noz noztype

Note: Egn.(6.47) assumes that only ONE nozzle is at
the rear of the fuselage. If more are present, the drag
increases accordingly.

Sfus = fuselage maximum frontal area as defined in
Figure 4.17.
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Table 6.2 Drag Penalties for Nozzles Mounted in the Rear

of a Fuselage, for Subsonic Flight

Nozzle Type Drag Increment
AC,

noztype
Short convergent 0.036 - 0.042
Blow-in-door ejector 0.025 - 0.035
Plug 0.015 - 0.020
Fully variable ejector 0.010 - 0.020
Iris 0.010 - 0.020
Ramp 0.010

Notes: 1. these data apply in the M 0.8 - 0.95 range
2. these data apply to nozzle pressure ratios of
2.5 to 3.0
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If more than one engine exhausts at the rear of the
fuselage, a difficult 'aerodynamic fairing' problem be-
tween the engines can arise. Figure 6.33 shows a number
of possibilities. The drag increments due to such 'fai-
red’ nozzle arrangements may be estimated from Fig.6.33.
Note that longer fairings reduce the drag of the instal-
lation. However: a longer fairing also implies a weight
increase: as usual, a trade study must be performed to
arrive at the correct decision.

6.3.3.4 Jet engines: gupersonic

The supersonic drag increment of nozzles is strongly
dependent on the method used to 'fair’' the rear end of
the airplane, especially in the area of the variable ge-
ometry nozzle. No simple method can be given for the es-
timation of nozzle drag increment. References 9, 12, 33
and 41 should be consulted for details.
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6.4 PREDICTION OF INSTALLED POWER AND THRUST

The purpose of this section is to present rapid me-
thods for estimating the installed performance of engines
in airplanes. The material is presented as follows:

6.4.1 Propeller Driven Airplanes
6.4.2 Jet Driven Airplanes

6,4.1 D

Propeller driven airplanes can use different methods
for driving the propeller. 1In this text the following
possibilities will be presented:

6.4.1.1 Piston propeller driven airplanes
6.4.1.2 Turbopropeller driven airplanes

6.4.1.1 Piston propeller driven airplanes

The installed performance of piston engines is nor-
mally stated in terms of available, installed power, Pav'

In some applications, the static thrust obtainable
from a propeller may be important. Methods for finding
static propeller thrust for a given amount of available
shaft-horse-power are given in Reference 15.

The following step-by-step procedure is suggested

for finding available, installed power, Pav‘

Step 1: Determine the flight conditions for which
the installed power available calculation
is to be made. This consists of the selec-
tion of altitude, temperature and airspeed.

Step 2: From engine manufacturers data determine the
available shaft horse power, SHP__ for each
flight condition. Figure 6.34 shows a typi-
cal example of such data.

Step 3: Find the installed, available power, P

from: av
Fav =
{01 /incSBPay - Pextr)pl "gear (6.48)

where: SHPav follows from Step 2,
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NOTE :
To ‘£ind the actual horsepower from al-

titude, rpm, manifold pressure and air
inlet temperature:

1. Locate A on full throttle altitude
curve for given rpm and manifold pres-
sure

2. Locate B on sea level curve for rpm
and manifold pressure and transfer to C
2; Connect A and C by a straight line and

read horsepower at given altitude: D
4. Modify horsepower at D for variation
of air inlet temperature T from standard
altitude temperature Ts by the formula:
Tg
6 20 22 26 26 28 ) y ( Actual hp = hp at D x \T—
ABS. MANFFOLD PRESSURE , IN.HG PRESSURE ALTITUDE~FT

where T and T‘ are absolute temperatures
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Pextr follows from sub-section 6.1.1,.

"p' the propeller efficiency, may be
found from propeller data. Methods
to compute propeller efficiency for
conventional propellers are provided
in References 15, 42, 43, 44 and 45.

NOTE: a rapid method for the determination of the
diameter of propellers was given in Chapter 5 of Part II.
External noise considerations were not a part of that me-
thod. To assure that a propeller meets FAR 36 noise re-
quirements, the method of References 46, 47 and 48 may be
used. For preliminary design purposes, as long as the
propeller tip speed is kept below a Mach number of 0. 85,
noise certification should not be a problem.

"gear is the gearbox efficiency.

For direct drive installations use:

Mgear = 1.0

For geared installations with a well
designed gearbox, use:

“gear = 0,98

Step 4: Plot Pav versus speed and altitude. Refer
to Figure 7.1 in Chapter 7 for an example.

6.4,1.2 7T i i es

Installed turbopropeller performance is presented in
terms of installed, available power Pav'

Most turboprops also deliver a remnant thrust, Tr

which varies with the flight condition. For performance
calculations this remnant thrust is usually converted to
power. This will be done in this text also.

For some applications it is necessary to know the
static thrust available from a turboprop installation.
For such cases the static remnant thrust is added to the
static propeller thrust. Methods for determining static
propeller thrust are given in Reference 15.

The following step-by-step procedure is suggested to find
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installed, available power, P

Step 1:

av’

Determine the flight conditions for which
the calculation of available installed po-
wer and thrust is to be made. This consists
of the selection of altitude, temperature
and airspeed.

From engine manufacturers data determine the
available shaft horsepower, SHPa as well as

v
the available remnant thrust, Tr for each

flight condition. An example of such data
is shown in Figure 6.35.

Step 3: Find the available, installed power, Pav
from:
Pav =
(ninl/incsnpav - Pextr)"p Ngear® ("inllinc’TrU1/55° (6.49)
where: Minl/inc follows from 6.2.3.2
SHPav and T, follow from Step 2
Pextr follows from sub-section 6.1,2
"p’ the propeller efficiency follows
from Step 3 in 6.4.1.1,
‘Note 1: Egn. (6.49) assumes that T, is not affected

by power extraction. Actually, this is not correct. Be-
cause the contribution of Tr to total available power is

usually very
negligible.

Note 2:
Note 3:

Step 4:

Part VI

small, the error made by this assumption is

Egn. (6.49) is not valid for U, = 0.

Most turbopropeller engines already have a
gearbox installed. The engine manufacturers
data include the gearbox losses.

Plot Pav versus speed and altitude. Refer

to Figure 7.2 in Chapter 7 for an example.
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6.4.2 D

For jet driven airplanes, engine performance is

given in terms of available, installed thrust, Tav'

Step-by-step procedures for determining Tav are pre-
sented as follows:

6.4.2.1 Subsonic operations
6.4.2.2 Supersonic operations

6.4.2.1 Subsonic operations:

Step 1: Determine the flight condition for which the
installed thrust must be determined. This
consists of the selection of altitude, tem-
perature and airspeed.

Step 2: From engine manufacturers data, determine
the available uninstalled thrust, Ttst/av'

Figure 6.36 shows an example of such data.

Step 3: Find the available installed thrust from:

T = (6.50)
av
[(Ttst/av){l - 0.35KtM1(1 - "inl/inc)} - Sso(Pextr/UI)]
where: T follows from Step 2

tst/av

My is the flight Mach number
Minl/inc May be found from 6.2.3.3

P follows from Sub-section 6.1.2

extr
Kt is determined from Figure 6.37
Step 4: Plot Tav versus speed and altitude. Refer
to Figure 7.3 in Chapter 7 for an example.
6.4.2.2 Supersonic operations:
Step 1: Determine the flight conditions for which
the available thrust, Tav must be found.
This consists of the selection of altitude,

temperature and airspeed.
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Step 2: From engine manufacturers data find the
uninstalled, available thrust, Ttst/av'

Figure 6.38 gives an example of such data.
Note: These data are normally given for an
assumed pressure recovery schedule with free
stream Mach number: Nef/inl’ Figure 6.38

shows a typical pressure recovery schedule
used by engine manufacturers for military

engines.
Step 3: Compute the installed, available thrust, Tav
from:
Tav = Ttst/av(l - Ft - Pt) - 550Pextr/U1 (6.51)
where: Ft accounts for actual inlet pressure
recoveries and is found from:
Fe = CRref/inl ~ Minl/com’ (6.52)

with: CR is the ram recovery correc-
tion factor found from Figure 6.39.

Minl/com 1S the actual inlet

pressure recovery which may be
determined from Egn. (6.41).

M ef/inl is found either from

Fig.6.38 or from engine manu-
facturers data

t 2mbleed/ma
with: M ieed found from Egn. (6.7)

P (6.53)

m, determined from engine manu-
facturers data

Pextr follows from Sub-section 6.1.2

NQTE: The installed, available thrust, Tav is the
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total thrust available from the entire installation. 1In
other words, the effect of the thrust distribution over

the various installation components as shown in Fig.6.12
has already been accounted for in the uninstalled engine
manufacturers data albeit based on a reference pressure

recovery and a reference nozzle.

Step 4: Plot Tav versus speed and altitude. Refer

to Figure 7.5 in Chapter 7 for an example.
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7. INSTALLED POWER AND THRUST DATA

EX 3+ £ R 2 R F & 2 2 % 2 B K

The purpose of this chapter is to present example
data for installed power and thrust. The information is
presented as follows:

7.1 Propeller driven airplanes
7.2 Jet driven airplanes

7.1 ELLER D N A

In this section, two examples will be given for the
determination of installed power data for propeller dri-
ven airplanes:

7.1.1 Piston propeller driven airplanes
7.1.2 Turbopropeller driven airplanes

7.1.1 Piston Propeller Driven Airplanes
The step-by-step procedure of 6.4.1.1 will be used.

Step 1: It will be assumed that installed, available
power data must be provided for the following flight con-
ditions:

altitude: 0 - 20,000 ft in increments of
5,000 ft
speed: from 0 - 200 kts

temperature: standard atmosphere

Note: the flight condition range must be compatible
with the stated mission objectives of the airplane. Such
mission objectives are normally defined in the airplane
mission specification. Examples of airplane mission spe-
cifications are discussed in Part I.

The airplane<ns1:XMLFault xmlns:ns1="http://cxf.apache.org/bindings/xformat"><ns1:faultstring xmlns:ns1="http://cxf.apache.org/bindings/xformat">java.lang.OutOfMemoryError: Java heap space</ns1:faultstring></ns1:XMLFault>